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FOREWORD 


The  9th  U.S.  Air  Force/Federal  Republic  of  Germany  Data  Exchange  Agree¬ 
ment  Meeting  entitled  "Viscous  and  Interacting  Flow  Field  Effects"  numbered 
MWDDEA  AF-75-G-7440  was  sponsored  by  the  Air  Force  Flight  Dynamics  Laboratory 
and  hosted  by  the  U.S.  Navy  with  Dr.  Robert  L.P.  Voisinet  of  the  Naval 
Surface  Weapons  Center  as  organizer.  It  was  held  on  9/10  May  1984  at  the 
Naval  Surface  Weapons  Center  in  Silver  Springs  Maryland.  This  report 
contains  the  detailed  proceedings  of  that  meeting.  It  contains  both 
theoretical  and  experimental  results  concerning  a  great  variety  of  topics  in 
the  area  of  boundary  layer  research.  The  speed  range  extends  from  subsonic 
to  hypersonic  Mach  numbers.  The  types  of  boundary  layers  reported  include 
laminar,  transitional,  and  turbulent  in  the  presence  of  attached  and/or 
separated  conditions. 

The  Air  Force  wishes  to  thank  Dr.  Robert  L.P.  Voisinet  of  the  Naval 
Surface  Weapons  Center  for  his  fine  work  in  preparing  this  meeting.  Thanks 
is  also  extended  to  the  Commander  of  the  Naval  Surface  Weapons  Center  for  the 
use  of  his  facilities.  In  addition,  the  Air  Force  wishes  to  thank  all  the 
participants  for  their  scientific  contributions. 
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A  Discrete  Element  Prediction  Approach  for 
Turbulent  Flow  Over  Rough  Surfaces 

by 

Robert  P.  Taylor,  Hugh  W.  Coleman  and  B.  Keith  Hodge 
Mechanical  and  Nuclear  Engineering  Department 
Mississippi  State  University 
Mississippi  State,  MS  39762 


ABSTRACT 

A  discrete  element  model  for  turbulent  flow  over  rough  surfaces  has 
been  rigorously  derived  from  basic  principles.  This  model  includes 
surface  roughness  effects  as  a  constituent  part  of  the  partial  differen¬ 
tial  equations  which  describe  momentum  and  energy  transport  in  turbulent 
flows.  The  model  includes  the  necessary  empirical  information  on  the 
interaction  between  the  roughness  elements  and  the  flow  around  and 
between  the  elements  in  a  general  way  which  does  not  require  experimental 
data  on  each  specific  surface.  This  empirical  Information  is  input  via 
algebraic  models  for  the  local  element  drag  coefficient  and  Nusselt 
number.  These  models  were  calibrated  by  comparison  with  base  data  sets 
from  surfaces  with  three-dimensional  (distributed)  roughness  elements. 
Calculations  using  the  present  model  have  been  compared  with  experimental 
data  from  118  separate  experimental  runs.  The  results  of  these  compari¬ 
sons  ranged  from  good  to  excellent.  The  calculations  compared  equally 
well  with  both  transitionally  rough  and  fully  rough  turbulent  flow 
results  without  modification  of  the  roughness  model. 


1. 


Introduction 


In  this  paper,  the  authors  present  a  synopsis  of  the  results  of  a 
research  effort  on  the  prediction  of  skin  friction  and  heat  transfer  in 
turbulent  flow  over  rough  surfaces.  Details  of  the  development  of  the 
discrete  element  approach,  a  review  of  previous  work,  and  more  compari¬ 
sons  of  predictions  with  experimental  data  can  be  found  in  References 
1-3. 

2.  Modeling  of  Roughness  Effects  on  Turbulent  Flow 

In  turbulent  flow  analysis,  use  of  time-averaged  equations  leads 
to  the  necessity  of  formulating  a  turbulence  model  (with  empirical 
input)  to  achieve  closure.  A  similar  situation  exists  in  analysis  of 
flow  over  rough  surfaces.  Unless  the  equations  can  be  solved  on  a 
grid  which  is  fine  enough  to  resolve  the  surface  roughness  boundary 
condition,  a  roughness  model  (with  empirical  input)  is  necessary  for 
closure.  Considering  the  capabilities  of  present  computers,  both 
turbulence  and  roughness  models  must  be  formulated  for  analysis  of 
practical  problems  in  turbulent  flow  over  rough  surfaces.  In  Refer¬ 
ences  1-3,  the  authors  have  described  in  detail  both  the  classical 
equivalent  sandgrain  roughness  approach  and  their  discrete  element 
method  which  incorporates  more  basic  physics  of  the  surface-flow  inter¬ 
action  and  requires  less  surface-specific  empirical  information.  A 
summary  is  presented  below. 

Schllchtlng  (A)  first  proposed  the  equivalent  sandgrain  roughness 
(k^)  concept  and  experimentally  determined  k^  for  a  range  of  rough 
surfaces.  He  defined  k^  as  the  size  of  sandgrain  in  Nikuradse's  (5) 
pipe  flow  experiments  which  would  give  the  same  skin  friction  as  that 
observed  on  a  particular  rough  surface.  One  problem  in  using  this 
approach  is  determining  for  a  specific  surface  of  interest  when  no 
skin  friction  data  are  available  for  tliat  surface.  Dvorak  (6),  Simpson 
(7;  and  Dirling  (8)  all  presented  correlations  which  essentially  allowed 
k^  to  be  determined  based  on  various  geometric  characteristics  of  the 
roughness  elements  on  the  surface.  These  correlations  suffer  from  two 
li.isic  (iroblems:  (1)  they  do  not  correlate  the  available  data  w<']  1  ,  and 
(2)  tliey  rely  primarily  on  Sch licht  i ng ' s  experimental  results.  The 
.lUthors  (9)  have  shown  that,  due  to  erroneous  assumptions  in  data 
redu('tit!n,  Sch  1  i  cli  t  i  ng  '  s  results  for  skin  friction  are  high  by  amounts 
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ranging  up  to  73%  and  his  results  for  are  high  by  26%  to  555%.  Thus 
the  validity  of  previous  roughness  work  which  has  relied  heavily  on 
Schlichting ' s  results  is  open  to  serious  question.  In  addition,  the 
idea  that  the  effects  of  all  rough  surfaces  can  be  modeled  using  a 
single  length  scale  (k^)  has  not  been  successful  in  application. 

The  discrete  element  roughness  model  of  the  authors  is  totally 
divorced  from  any  k^  concepts.  In  formulating  the  model,  the  continuity, 
momentum  and  energy  equations  for  a  boundary  layer  were  derived  from 
first  principles.  Included  in  the  derivations  were  the  influences  of 
the  surface  roughness  elements  which  are  shown  in  Figure  1.  These 
influences  are  the  blockage,  the  form  drag,  and  the  local  heat  transfer 
between  the  fluid  and  the  elements. 

The  resulting  equations,  formulated  for  the  special  case  of  three- 
dimensional  uniform  roughness  elements  (such  as  spheres,  hemispheres, 
cones,  etc.),  are  shown  in  Figure  2.  The  shape,  size  and  spacing  of 
the  elements  are  included  explicitly  through  the  geometrical  descriptors 
of  the  roughness — D(y) ,  L  and  The  empirical  information  is  input 
through  algebraic  expressions  for  the  element  drag  coefficient 

=  r^j(Re(y)) 

and  clement  Nusselt  number 

Nu  =  Nu(Re(y)) 

The  Cp  model  was  calibrated  using  the  corrected  (9)  skin  friction  data 
sets  of  Schlichting  (4)  for  surfaces  with  roughness  elements  of  spherical, 
spherical  segment,  and  conical  shapes.  The  Nu  model  was  calibrated  using 
a  zero  pressure  gradient,  constant  wall  temperature  data  set  of  Pimenta 
(10)  for  a  surface  of  spherical  elements  in  the  most  dense  packing.  Once 
the  and  Nu  models  were  calibrated,  they  remained  invariant  for  all 
subsequent  calculations.  No  empirical  information  is  used  for  any 
specific  rough  surface — only  the  geometrical  description  of  the  rough¬ 
ness  is  input  for  "new"  surfaces  with  three-dimensional  type  roughness. 
Comparisons  of  calculations  with  the  calibration  data  are  shown  in 
Figures  3-6. 
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Comparisons  of  Predictions  and  Data 

Comparisons  of  discrete  element  model  predictions  with  various 


additional  data  sets  are  presented  in  References  1-3.  Comparisons  of 
predictions  with  the  data  of  two  experimental  investigations  are  presented 
here  as  an  indication  of  the  merit  of  the  discrete  element  model. 

Chen  (11)  reported  detailed  turbulence  and  skin  friction  measurements 
for  fully  developed  air  flow  through  a  0.19  meter  diameter  pipe  roughened 
with  hemispheres.  He  investigated  three  roughness  densities — £/k  =  18.5, 
10.7  and  6.4,  where  k  is  the  maximum  roughness  element  height.  Chen 
stated  that  the  first  two  cases  (i?/k  =  18.5  and  10.7)  were  in  the  tran¬ 
sitionally  rough  regime  and  the  third  (?,/k  =  6.4)  was  "nearly"  in  the 
fully  rough  regime.  The  most  interesting  part  of  Chen's  work  (from  the 
point  of  view  of  the  present  work)  is  the  segregation  of  the  two  compo¬ 
nents  of  the  apparent  wall  shear  stress:  (1)  that  due  to  the  viscous 
shear  ('T^)  on  the  smooth  surface  between  the  roughness  elements,  and 
(2)  that  due  to  the  form  drag  on  the  roughness  elements.  Chen  obtained 
the  form  drag  term  by  measuring  the  force  on  a  single  element  using  a 
force  balance.  The  portion  due  to  the  smooth  surface  was  determined  by 
subtracting  the  roughness  element  drag  component  from  the  total  wall 
shear  stress  (i^)  which  was  determined  from  pressure  drop  measurements. 

The  discrete  element  model  was  solved  in  the  appropriate  internal 
circular  coordinates  and  the  resulting  predictions  were  compared  with 
Chen's  data.  Figure  7  shows  the  comparisons  for  the  skin  friction 
coefficient  and  the  ratio  of  the  smooth  wall  component  to  the  total 
shear  stress.  The  comparisons  indicate  very  good  agreement.  The 
comparisons  of  the  relative  contribution  of  viscous  shear  forces  between 
the  elements  and  the  drag  on  the  elements  are  of  particular  interest. 

One  of  the  major  advantages  of  the  discrete  element  model  is  that  these 
two  forces  and  their  interactions  are  accounted  for  in  the  model. 
Lnspection  of  Figure  7  reveals  good  agreement  between  the  predictions 
and  data  for  !''(.•  rjiaximum  disagreement  is  about  12%  and  the 

preponderance  of  tht  points  agree  within  5%.  This  agreement  indicates 
that  the  present  dl'^crete  element  model  correctly  incorporates  mucli  of 
the  pliysics  of  the  interaction  between  th.e  roughness  elements  and  the 
f  Low . 

Coleman  (12)  reported  turbulence  measurements  and  skin  friction 
and  Stanton  number  measuremor ts  for  turbulent  boundary  layer  air  flows 
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over  a  fiat  plate  with  1.27  nim  diameter  spherical  roughness  elements 
in  the  most  dense  packing.  Shown  in  Figure  8  are  comparisons  of  the 
discrete  element  model  predictions  with  data  for  a  constant  wall  tempera¬ 
ture,  favorable  pressure  gradient  case.  The  boundary  layer  was  in  tlie 
fully  rough  flow  regime.  The  agreement  is  excellent,  with  the  predictions 
everywhere  within  the  data  uncertainty.  Shown  in  Figure  9  are  comparisons 
of  the  predictions  with  data  for  a  variable  wall  temperature,  zero  pres¬ 
sure  gradient  case.  Again,  the  agreement  is  excellent. 

4 .  Summary 

Several  points  which  should  be  emphasized  are:  (1)  ITO  information 
from  the  Chen  or  Coleman  data  sets  other  than  the  geometrical  description 
of  the  rough  surfaces  was  used  in  the  discrete  element  model  calculations. 
The  calculations  are  therefore  truly  predictions.  (2)  The  turbulence 
model  used  was  the  standard  mixing  length  model  with  Van  Driest  damping, 
which  is  widely  used  for  smooth  wall  flows.  No  modifications  were  made 
because  of  the  roughness.  (3)  The  present  discrete  element  model  has 
been  formulated  and  proven  only  for  three-dimensional  type  roughness 
elements  which  can  be  approximated  as  having  circular  cross-sections  in 
the  xz  plane.  (The  development  for  such  elements  which  are  randomly 
shaped  and  are  of  random  spacing  is  given  in  References  1-3). 


This  research  was  sponsored  by  the  Air  Force  Armament  Laboratory, 
Kglin  Air  Force  Base,  FL.  under  contract  F08635-82-K-0062 .  The  authors 
wish  to  thank  Lt  Bruce  Haupt,  Dr.  Lawrence  Lijewski  and  Dr.  Donald  Daniel 
for  their  support  and  encouragement. 
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•k 

At  higher  values  of  y  ,  this  relation  reduces  to  the  usual  log  law,  Equation  (1),  so 
t  ha  t 


B  =  -  (J-n  4k-1) 
Ik 


(23) 


k 

This  relates  B,  and  Z  ;  therefore,  the  velocity  profile.  Equation  (10),  is  a 
i  w 

■k 

function  of  y  and  Bj^. 


ROTTA  II 

8 

Rotta  seems  to  have  abandoned  the  laminar  sublayer  approach  in  analyzing 
rough  surfaces  after  the  whole  concept  of  a  purely  laminar  flow  next  to  the  wall 
beca:ne  untenable.  Since  there  are  turbulent  stresses  even  in  the  laminar  sublayer, 
the  sublavcr  has  been  renamed  the  viscous  sublayer. 

Rdtta  extended  the  van  Driest  formulation  for  smooth  surfaces  to  rough  surfaces 
by  adding  a  length  Ay  to  the  y  coordinate  such  that 


*  *  * 
j  =  ^' ( y  +Ay  )  /I -exp 


-(y*+Ay*) 

* 

A 

v,s  J 


(2A) 
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A 


A 


Likewise,  for  the  hyperbolic  tangent  M 


2k  *4  . 
^h 


EXISTING  MIXING-LENGTH  METHODS  FOR  ROUGH  SURFACES 
Some  pertinent  existing  mixing-lt  ■>gth  methods  for  rough  surfaces  are  now 
critically  examined. 

ROTTA  I 

An  extension  of  the  Prandtl  wall  mixing  length  method  to  rough  surfaces, 
initially  proposed  by  Rotta,^  assumed  a  laminar  sublayer  thickness  that  would  de¬ 
crease  with  roughness  or 


*  *  * 
I  =  K(y  -y^) 


where  y,  is  the  laminar  sublayer  thickness  and  y  =  u  y, /v.  The  introduction  of  2- 
'  ’  L  T  L 

in  Equation  (10)  resulted  in  an  integration  in  elementary  functions  and  a  relation 


between  y^  and 


With  increasing  roughness,  the  laminar  sublayer  finally  vanishes,  y^  =  0,  and 
=  -  1/k'  (l-5,n  U^') .  This  is  now  considered  to  be  the  beginning  of  the  fully 
rough  regime  and  the  end  of  the  intermediate  roughness  regime. 

For  the  fully  rough  regime,  Rotta  assumed  an  initial  mixing  length  2-^  at  the 


*  * 

2,  =2,  +  Ky 

w  •' 


The  Introduction  of  this  mixing  length  for  the  fully  rough  regime  into  the 
velocity  profile.  Equation  (10),  results  in  an  analytical  solution. 
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Why  M  should  equal  zero  at  y  =0  requires  some  further  discussion.  Theo- 

5  *3 

retical  investigations  indicate  that  the  eddy  viscosity  v  should  vary  with  y  or 

*4  *  ^ 

y  at  y  =  0.  Now  Equation  (A. 6)  in  Appendix  A  relates  the  eddy  viscosity  to  the 
mixing  length.  A  Maclaurin  expansion  gives 


t  *2 

—  =  2  £  +  . . . 


t  2  *2  2 

—  =  2k  y  M  +  . . .. 


nonzero  value  of  M  at  y  =0  such  as  would  then  result  in 


t  2  2  *2 

—  =  2k^  M,  y  ^  + 
V  1  ■' 


which  is  not  acceptable. 

A  Maclaurin  expansion  of  the  van  Driest  M  gives 


M  =  .. 


^t  2k^  *4 

^=^23^  - 

V 


wh icii  is  acceptable. 
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*  ★  * 

where  2.  is  a  nond imensional  mixing  length,  2  =  u  2/v,  and  u  is  a  nondimensional 

* 

velocity,  u  =  u/u  . 

*  * 

•Solving  for  du  /dy  as  a  quadratic  expression  and  integrating  from  the  wall, 

*  * 

where  y  =  0  and  u  =  0,  results  in  a  velocity  profile 


■•■I 


0  1  +  /i+(22*)^ 


Close  to  the  wall  Prandtl  proposed  a  linear  variation  of  mixing  length  with 
distance  from  the  wall 


*  * 

Z  =  Ky 


when  is  the  von  Karman  constant.  Use  of  this  relation,  in  Equation  (10),  leads 

to  a  logarithmic  velocity  law  with  A  =  1/k.  However,  an  erroneous  value  of 

results.  Furthermore,  in  so  far  as  the  logarithmic  velocity  law  does  not  hold 

right  up  to  the  wall,  so  the  Prandtl  wall  mixing  length  does  not  hold.  To  remedy 

*  *  *  * 
this,  a  modification  function  M(il  *MKy  )  is  needed  as  a  function  of  y  and  A  where 

A  is  an  additional  nondimensional  length,  X  =  u  X/v.  Furthermore,  M  should  equal 
*  * 
zero  at  y  =0  and  equal  unity  at  y 

14 

For  smooth  surfaces,  van  Driest  proposed  the  representation 


M  =  1  -  exp 


*  * 

where  X  is  the  X  associated  with  van  Driest. 

V 

Other  modification  functions  may  be  formulated  as,  for  example,  the  hyperbolic 

15 

tangent  function  alluded  to  by  Patel 


*  * 

where  A,  is  the  A  used  here, 
h 
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(6) 


AB  [k*,T]  =  [k*,T]  -  B, 

i  i ,  s 

As  defined,  AB  is  always  negative  for  rough  surfaces.  Nikuradse^*^  used  the  B  - 

11  *  ^ 
characterization  while  Hama  preferred  the  AB  (actually  -AB)  characterization. 

To  experimentally  determine  a  characterization  for  a  specific  arbitrarily  rough 

surface,  there  are  various  procedures  available.  The  direct  procedure  requires 

velocity  measurements  close  to  the  wall  to  define  a  logarithmic  law  as  well  as  the 

measurement  of  the  wall  shear  stress.  Simpler,  indirect  procedures  may  be  used 

involving  measurement  of  the  average  velocity  of  pipe  flow,^^  the  total  drag  of  a 

12  13 

flat  plate,  or  the  torque  of  a  rotating  disk. 

MIXING-LENGTH  THEORY 

According  to  the  Prandtl  mixing-length  theory,  the  turbulent  shear  stress  (t^) 
is  related  to  the  velocity  gradient  by 


T 

t 

P 


(7) 


where  8,  is  the  mixing  length  which,  in  general,  is  not  constant,  but  is  a  function 
of  its  position  in  the  flow  field. 

The  total  shear  stress  T  at  a  point  in  the  flow  field  is  the  sum  of  laminar 
and  turbulent  shear  stresses  or 


T_ 

0 


(8) 


where  —  =  v  ■—  ,  the  Newtonian  Law  of  Viscosity. 

For  ri  shear  layer  with  zero  longitudinal  pressure  gradient,  T  =  close  to  the 
wall.  VJith  this  approximation.  Equation  (8)  may  be  written  in  a  nondimens ional  form 


I 


*2 


1 


(9) 
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(3) 


B  *  B,  +  A  Hn  k 
r  1 


Here  u  =  streamwlse  velocity  component 

=  shear  velocity,  . 

T  =  wall  shear  stress 
w 

p  =  density  of  fluid 
* 

y  =  u^y/v 

y  =  normal  distance  from  wall 
V  =  kinematic  viscosity  of  fluid 

T  =  texture  of  roughness  configuration,  T  =  k/k^^, 

*  * 

k  =  roughness  Reynolds  number,  k  =*  u^k/v 

Either  B  or  B  may  be  considered  to  be  a  roughness  drag  characterization 
^  ^  * 
function.  Both  Bj^  and  B^  are  functions  of  roughness  Reynolds  number  k  and 

texture  T. 

The  usual  roughness  regimes  are 

1.  Hydraulically  smooth 


B.  =  B,  =  constant 
1  l,s 


B  =  B,  +  A  Hn  k 
r  l,s 


2.  Intermediate  roughness 


Both  Bj^  and  B^  vary  with  k  for  the  same  T 


3.  Fully  rough 


B  =  B  [T]  “  constant 
r  r 

B,  =  B  [T]  -  A  ^n  k* 

1  r 


Another  drag  characterization  is  given  by  AB  which  represents  a  deviation  from 
smooth  conditions  or 
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van  Driest  modification  to  the  Prandtl  wall  mixing-length  formulation  provided  a 

0 

turbulent  shear  stress  which  started  at  the  wall.  Rotta  then  adapted  the 

van  Dr iest-Prandtl  mixing  length  for  smooth  surfaces  to  rough  surfaces  by  shifting 

the  position  of  the  reference  wall  an  appropriate  distance.  Rotta  presented  the 

numerical  results  in  graphical  form  for  two  well-Rnown  roughnesses:  the  Nikuradj^ 

sand-grain  roughness  and  the  Colebrook-White  engineering  roughness.  Later  Cebeci 
2 

and  Smith'"  provided  an  analytical  fit  to  the  wall  shift  for  the  sand-grain  roughness 

9 

which  was  then  used  by  Cebeci  and  Chang  for  calculations  of  turbulent  boundary 
layers  over  rough  surfaces. 

For  arbitrarily  rough  surfaces,  the  van  Driest  factor  is  correlated  in  this 
paper  with  the  roughness  drag  characterization  function  until  a  limiting  value  of 
zero  is  reached.  This  is  considered  to  represent  the  beginning  of  the  fully  rough 
regime.  Then,  for  the  fully  rough  regime,  the  mixing  length  is  considered  to  assume 
an  initial  value  at  the  wall  in  accordance  with  Rotta* s  original  (1950)  analysis. 

For  purposes  of  comparison,  the  second  Rotta  analysis  of  a  wall  shift  is 
generalized  to  produce  numerical  results  for  the  drag  characterization  of  arbitrary 
roughness.  In  Appendix  A,  an  explicit  conversion  of  mixing-lengths  to  eddy  viscos¬ 
ities  is  derived.  In  Appendix  B,  the  associated  turbulent  kinetic  energies  (fe)  and 
turbulent  dissipation  rate  (e)  are  developed. 

CHARACTERIZATION  OF  ROUGHNESS  DRAG 

A  brief  review  is  presented  of  pertinent  features  of  the  velocity  similarity 
laws  and  the  associated  drag  characterizations  of  rough  surfaces. 

Close  to  the  wall,  the  logarithmic  velocity  law  for  an  arbitrarily  rough 
surface,  defined  by  a  sufficient  number  of  length  factors  k,  k^ ,  k2,  ...,  is  given 
in  what  may  be  called  the  Reynolds-number  mode  as 

^  =  A  ^n  y*  +  [k*,T]  (1) 

T 

and,  in  what  mav  be  called  the  relative-roughness  mode,  as 

—  =  A  in  f  +  B  fk*,T]  (2) 

u  k  r 

T 


where 


MIXI^iG-LRNGTH  FORMULATIONS  FOR  TURBULENT  BOUNDARY  LAYERS 
OVER  ARBITRARILY  ROUGH  SURFACES 

By 

Paul  S.  Granville 

David  W.  Taylor  Naval  Ship  R&D  Center 
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ABSTRACT 

Mixing  lengths  are  formulated  for  turbulent  boundary  layers 
over  arbitrarily  rough  surfaces  from  both  the  van  Driest  and  Rotta 
procedures.  The  associated  eddy  viscosities,  turbulent  kinetic 
energies  and  dissipation  rates  are  also  formulated. 


INTRODUCTION 

The  development  of  turbulent  boundary  layers  over  arbitrarily  rough  surfaces 

may  be  predicted  by  mixing-length  formulations  close  to  the  boundary  wall.  Existing 

calculation  methods  for  smooth  surfaces  using  the  Prandtl-van  Driest  wall  mixing 

length  may  be  adapted  to  arbitrarily  rough  surfaces.  Such  methods  for  smooth  sur- 

1*  2 

faces  are  the  method  of  Patankar  and  Spalding,  the  method  of  Cebeci  and  Smith,  or 

3  4 

Its  subsequent  modification  by  Nituch  et  al.  and  the  method  of  Huang  et  al. 

Wall  mixing  lengths,  or  rather  the  associated  eddy  viscosities,  are  also 
required  for  heat  or  mass  transfer  methods  using  turbulent  Prandtl  numbers  or  turbu¬ 
lent  Schmidt  numbers  to  predict  the  turbulent  dif fusivities  of  heat  or  mass. 
Furthermore,  mixing  lengths  or  eddy  viscosities  near  the  wall  may  be  required  as 
boundary  conditions  to  the  k-C  transport  equations  for  improved  predictions  of  the 
development  of  turbulent  boundary  layers.  In  general,  the  mixing  length  Increases 
with  distance  away  from  the  wall  until  a  limiting  value  is  reached  which  is  compat¬ 
ible  to  the  mixing  length  for  the  outer  region. 

Initially,  in  1950,  Rotta^  considered  the  Prandtl  wall  mixing  length  for 
turbulent  shear  stress  to  apply  only  outside  the  laminar  sublayer  and  was  able  to 
correlate  the  laminar  sublayer  thickness  with  the  roughness  drag  characterization 
function.  However,  subsequent  turbulence  measurements  showed  that  turbulent  shear 
stresses  start  at  the  wall.  The  concept  of  a  purely  laminar  sublayer  was  discarded 
and  the  laminar  sublayer  was  renamed  the  viscous  sublayer.  For  smooth  surfaces,  the 


*A  complete  listing  of  references  is  given  on  page  43, 
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Blockage 


Figure  2.  2-D  Compressible  Turbulent  Boundary 

Layer  Equations  Including  Roughness 
Effects 
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*  * 

where  X  is  the  value  of  X  for  smooth  surfaces.  When  this  mixing  length  is  in- 

V  ,  S  V  o  o 

corporated  into  the  velocity  profile.  Equation  (10),  and  related  to  the  logarithmic 

ic  * 

law.  Equation  (1),  Ay  becomes  a  function  of  [k  ,T].  Instead  of  solving  the 

*  ic  “k 

general  case  of  Ay  =  f[B  ],  Rotta  solved  Ay  =  f ]  for  the  Nikuradse  sand-grain 
*  * 

roughness  and  Ay  =  f[k  ]  fcr  the  Colebrook-White  engineering  roughness  and  presented 

2 

the  results  graphically.  Cebeci  and  Smith  fitted  the  results  for  the  Nikuradse 

9 

sand  'ain  roughness  to  an  empirical  formula.  Subsequently,  Cebeci  and  Chang  used 
this  formula  in  boundary-layer  calculations. 

*  * 

The  Rotta  formulation  leads  to  an  initial  value  of  I  ,  namely,  S-  at  the  wall 
*  ” 

(for  y  =0)  or 


*  * 

I  =  KAy 


1-  exp 


V,  s 


k  "k 

Hence  -■  f[B  ]  =  f[k  ,T]  for  all  roughness  regimes, 
w  i 


(25) 


DAHM 

Dahm^^^  proposed  a  differential  equation  for  the  mixing  lengths  of  rough  sur¬ 
faces  based  on  empirical  considerations,  which,  for  zero  mass  injection,  becomes 


* 

d£ 


0.4  y*  -  («,*-£*) 
w 

11.83 


(26) 


Examination  indicates  that  this  equation  is  a  linear  differential  equation  with  a 
solution  given  by 


* 


0.4 


k 

y 


* 


+  z 

w 


+  (0.4)  (11.83) 


(27) 
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It  may  be  noted  that  this  formula  resembles  that  of  Rotta,  Equation  (21),  for  the 

•k  ic  -k  k 

fully  rough  regime  (k=0.A;  also  at  y  =0,  and  il  =8,  ) .  In  actual  use,  values  of  X- 


w 


would  have  to  be  correlated  with  drag  characterization  (B^^) . 


PROPOSED  NEAR-WALL  MIXING  LENGTHS* FOR  ROUGH  SURFACES 

GENERAL 

Equating  the  velocity  profiles  obtained  from  mixing  lengths.  Equation  (10),  and 
the  logarithmic  law.  Equation  (1) ,  produces 


0  1  +  /l+(2Jl*)^ 


*  I 

dy  -  -  8,n  y 


(28) 


and  with 


£n 


■/ 


* 

y  * 

k 

y 


(29) 


vf 


1  +  X+(nV 


* 

dy  + 


1 


/ - rj 

1  +  /l+(2il  ) 


dy 


(30) 


or 


Bi  =  I^  +  I^ 


(31) 


* 

where  y  is  a  sufficiently  large  value  of  y  so  that  the  second  integrand  of  Equation 

k 

(30),  dl^/dy  ,  becomes  negligible. 


INTERMEDIATE  ROUGHNESS  REGIME 

,  .._h  Lsc  Pr.indtl-van  Driest  mixing  length. 


*  * 

P:  =  Kv 


1-  exp 


(32) 


■  V-  -  ■  ■  •  -  ■  -..L— -  ,  ■  ,  -  a. 


in  Equation  (30),  the  van  Driest  factor  X  becomes  a  function  of  and,  hence,  a 

function  of  roughness  factors,  k  and  T  or  A  =  f[B^]  =  f[k  ,T) . 

*  ^ 

Numerically  then,  A  from  the  preceding  equation  decreases  with  decreasing 

^  -k  *  * 

values  of  B,  until  the  limit  A  =  0  is  reached.  Then,  5,  =  .  This  is  the  same 

1  V  , 

limit  as  Rotta  I  where  the  laminar  sublayer  disappears. 

*  * 

The  range  pf  A  from  its  smooth  value  of  A  to  its  zero  limit,  may  be 
^  ®  *  * 
considered  to  cover  the  intermediate  roughness  regime,  at  A^  ^  >  A^  >  0. 

FULLY  ROUGH  REGIME 

* 

The  original  Rotta  I  proposal  of  an  Initial  mixing  length  I  at  the  wall  for 

w 

the  fully  rough  regime  will  now  be  considered  appropriate.  Accordingly,  Equations 
(11),  (22),  and  (23)  apply. 

GENERALIZED  ROTTA  II 

In  order  to  make  comparisons,  the  Rotta  II  method  of  an  additional  length  Ay 

is  now  generalized.  The  Rotta  II  mixing  length  for  rough  surfaces.  Equation  (24), 

* 

is  substituted  into  either  Equation  (28)  or  (30)  for  B.  so  that  Ay  becomes  a 

St  St 

function  of  so  that  Ay  =  f[B^]  =  f[k  ,T]. 

DISCUSSION 

Two  methods  have  been  described  for  the  prediction  of  mixing  lengths  for 
arbitrarily  rough  surfaces.  There  is  the  Rotta  II  method  which  is  generalized  in 
terms  of  the  roughness  characterization  function  and  applies  to  both  the  intermediate 
and  fully  rough  regimes.  The  Rotta  II  method  extends  the  van  Driest  formula  for 
smooth  surfaces  to  rough  surfaces  by  means  of  a  normal  distance  parameter. 

The  other  method  described  consists  of  an  extension  of  the  van  Driest  formula 
to  the  intermediate  roughness  regime;  the  van  Driest  factor  is  correlated  to  the 
roughness  characterization  function.  For  the  fully  rough  regime  the  Rotta  I  method 
is  to  be  used  in  which  a  wall  mixing  length  is  related  to  the  roughness  character- 
izathjn  function.  The  relative  merits  of  each  method  are  now  discussed. 

For  the  intermediate  roughness  regime,  the  Rotta  II  method  leads  to  an  initial 
mixing  length.  Equation  (25),  at  the  wall  while  the  van  Driest  factor  method  gives 


V 


a  zero  mixing  length.  A  nonzero  mixing  length  at  the  wall  implies  the  existence  of 
a  nonzero  turbulent  shear  stress  and  a  nonzero  eddy  viscosity  at  the  wall  as  is 
demonstrated  next. 

Now  the  turbulent  shear  stress  near  the  wall.  Equation  (7),  nondimensionalized 
to  • 


becomes,  by  use  of  Equation  (10)  for  du  /dy 


(33) 


★ 

then,  at  the  wall  y  =  0, 


(34) 


Consequently,  at  the  wall,  the  Rotta  II  method  has  a  wall  value  of  turbulent  shear 
stress,  but  the  van  Driest  factor  method  has  none. 

Also  for  the  eddy  viscosity.  Equation  (A. 6)  gives 


Again,  the  Rotta  II  method  has  an  initial  value  of  eddy  viscosity  at  the  wall  while 

che  van  Driest  factor  method  has  none.  In  fact,  the  van  Driest  factor  method 

app’i  led  to  the  intermediate  rough  regime  retains  the  variation  of  eddy  viscosity 
*4 

with  at  the  wall. 
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For  the  intermediate  roughness  regime,  an  initial  value  of  mixing  length, 
turbulent  shear  stress,  and  eddy  viscosity  at  the  wall  may  all  be  considered 
ob  jec  t  ionable. 


NUMERICAL  RESULTS 

In  detenning  B.  from  an  integration  of  mixing  lengths  by  means  of  Equation 

•> 

(  iO)  ,  it  is  necessary  to  specify  a  limiting  value  of  y  so  that  the  integrand  of  I,, 

•k  -k 

becomes  practically  zero.  As  an  example,  the  integrand  y  (dl  /dy  )  is  plottea  ir. 

*  ^ 

Figure  i  for  the  smooth  case  =  26  and  for  the  case  of  the  beginning  of  the  fully 
rougii  regime  \  =  0  with  r  =  O.A  (the  same  case  as  for  ROTTA  II).  To  compensate  for 

the  logarithmic  abscissa,  the  ordinate  is  multiplied  by  y  so  that  the  area  under 

k  k  k  k  k 

the  curve  represents  the  integral  I*.  Then,  dl„/dy  =  y  (dl  /dy  )  (d  Any  /dv  ). 

*  2  z  2 

At  values  of  v  above  about  200  the  integrand  is  close  to  zero. 

k 

ir.  Figure  2,  the  van  Driest  factor  A^  is  correlated  with  drag  characterization 

function  B,  i or  the  intermediate  roughness  regime  by  means  of  Equation  (35).  This 
^  * 
av.:coiiimodates  any  arbitrary  roughness.  The  limiting  value  is  =  -1.325  for  “  0. 

Smaller  values  of  B.  are  then  in  the  fully  rough  regime. 

■'  * 

The  wall  mixing  length  A  for  the  fully  rough  regime  is  plotted  against  the 
crag  characterization  function  B^^  in  Figure  3  in  accordance  with  the  Rotta  I 
relation.  Equation  (23). 

* 

In  Figures  4  and  5  the  Rotta  factor  Ay  is  plotted  against  the  drag  character¬ 
ization  function  as  a  result  of  solving  Equations  (24)  and  (30).  This  corre¬ 
lation  applies  to  any  arbitrary  rough  surface  and,  consequently,  includes  the 
Nikuradse  sand-grain  roughne.ss  and  the  Colebrook-White  roughness. 

k 

A  comparison  is  shown  in  Figure  6  for  the  mixing  length  A  at  the  wall  as  a 

w 

function  of  the  roughness  characterization  function  B. .  It  should  be  noted  that  the 

*  ^ 

Rotta  IT  formulation  has  values  of  in  the  intermediate  roughness  regime  in 
accordance  with  Equation  (25).  On  the  other  hand,  the  van  Driest  formulation  has  a 
zero  value.  For  the  fully  rough  regime  the  Rotta  I  values  are  compared  to  the 

k 

Korea  I  1  values  of  ?.  . 

a.  a. 

k  k 

A  compari.son  of  the  variation  of  mixing  lengths  2  with  normal  distance  \-  i.s 
disjilayed  in  Figure  7  for  variou.s  formulations  on  the  basis  of  equal  values  of  B^  . 
The  smootli  case  is  shown  for  a  van  Driest  factor  of  26.  As  an  example  of  the 
jnterv.ed  iate  roughness  regime,  a  comparison  is  shown  between  the  van  Driest  and 


Rotta  II  formulations  for  =  2.  It  is  to  be  noted  that  the  Rotta  II  value  of  the 
mixing  length  is  larger  close  to  the  wall.  This  is  a  result  of  having  an  initial 

■k 

value  I  at  the  wall.  Mixing  lengths  at  the  border  between  the  intermediate 
”  * 
roughness  and  fully  rough  regimes  are  also  compared.  Here  *  0  and  =-1.325. 

Fo  •  the  fully  rough  regime,  an  example  comparison,  is  shown  for  Bj^  =  -6.  It  is  to 

*  * 

be  further  noted  that  for  large  values  of  y  all  the  values  of  Z  tend  to  converge 

k  k 

to  the  original  Prandtl  wall  mixing  length  of  8.  =  Ky  as  expected. 

SUMMARY 

For  arbitrarily  rough  surfaces,  two  procedures  have  been  developed.  First  is 
the  extension  of  the  Prandtl-van  Driest  formulation.  Equation  (12),  to  the  inter- 

k 

mediate  roughness  regime.  Here  the  van  Driest  factor  X^  is  correlated  with  drag 

characterization  B  in  Figure  2.  For  the  fully  rough  regime,  the  Rotta  I  procedure 
^  * 
mav  be  used  as  given  by  Equation  (23)  which  is  plotted  in  Figure  3  as  8-  against  B, 

W  1 

Second,  there  is  the  Rotta  II  correlation.  Equation  (24),  developed  for  arbitrarily 

* 

rough  surfaces.  Figure  4  shows  the  correlation  of  Ay  with  B^^  for  the  intermediate 
roughness  regime  and  Figure  5  shows  that  for  the  fully  rough  regime. 


Figure  1  -  Variation  of  Integrand  y  I  - — with  y 
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DRAG  CHARACTERIZATION  FUNCTION  (B,) 
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DRAG  CHARACTERIZATION  FUNCTION  (B,) 


APPENDIX  A 


CON\^ERSION  OF  MIXING  LENGTHS  TO  EDDY  VISCOSITIES 


The  concept  of  eddy  viscosity  (more  properly  eddy  kinematic  viscosity)  was 
originally  proposed  during  the  last  century  by  Boussinesq  for  turbulent  flows  as  an 
analogy  to  the  usual  viscosity  for  laminar  flows  or 


T  . 

t  _  du 

D  t  dy 


(A.l) 


Equating  this  to  the  turbulent  shear  stress  given  in  terms  of  mixing  lengths. 
Equation  (7),  produces  the  well  known  expression 


t 


2  du 
^  dy 


(A. 2) 


Note  that  eddy  viscosity  unlike  laminar  viscosity  is  not  a  property  of  the  fluid, 
but  depends  upon  its  position  in  the  flow. 

For  various  reasons  it  may  be  more  desirable  to  relate  eddy  viscosity  (v^)  to 
mixing  length  without  the  presence  of  velocity  gradient  du/dy. 

In  general,  shear  stress  (t)  has  laminar  and  turbulent  contributions  such  that 


■y  =  (V+Vj.) 


du 

dy 


(A. 3) 


Close  to  the  wall 


and  then,  nondiraensionally , 
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du 


(A. A) 


dv 
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(a.  5) 
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integral  parameters  are  competed  by  an  algebraic  transf ormati on  of  the 
velocity  profiles  at  the  station  immediately  upstream  on  the  same  chordline. 
With  the  velocity  profiles  thus  determined,  the  three-dimensional  displacement 
thickness  6*  is  computed  by  integration  of  the  continuity  equation,  using  a 
procedure  that  has  been  modified  so  that  the  resulting  6*  provides  the  desired 
"vt  scous-wedge"  effect  on  the  outer  flow-  When  all  of  these  operatici.s  are 
completed,  all  of  the  same  solution  variables  are  defined  as  woul-  have  been 
defined  by  solving  tne  boundary-1 ayer  equations,  had  the  station  not  been  in 
the  snock  zone,  tor  purposes  of  operations  at  adjacent  stations,  the  solution 
variables  deiined  ror  a  station  inside  the  shock  zone  are  treated  the  same 
iogicaliy  as  if  they  nad  come  from  the  boundary-1 ayer  equations.  For  example, 
solutior.  variables  defined  within  the  shock  zone  can  be  referenced  by  the 
finite  difference  formulas  used  at  adjacent  stations  where  the  boundary  layer 
equdtioris  are  being  solved,  because  of  this,  the  treatment  of  the  shock  on 
one  rnordline  is  relatively  independent  of  what  happens  on  adjacent  chordlines 
and  program  1ogiC  is  kept  relatively  simple. 

jcock - j  imp  iicnd:  Lions  and  Oeparation  Criterion 

uu  r  mo  Cl  f  I  for  me  effects  of  a  snock  on  a  tnree--(ii;nensi  onal  turbulent  boundary 
Kiye-  IS  O'S'LHj  on  an  existing  two-dimensional  moool  extended  to  three 
aimen,.  I  oris  oy  me  following  pfiysicdl  ar'guments.  When  a  transonic  shock 
1  Ti,j !  no'-s  c"'  a  solid  surface,  it  r-epresents  a  region  of  very  strong  pressure 
^rad’eru  co;, i  entrated  in  a  relatively  narrow  bund  on  the  surface,  which  we 
wiii  ri'for  m  us  the  "  snociK/sol  i  d-su  rf  ace  i  ntersoction" .  The  surface  isobars 
are  .'iosei,  Siiacecl  in  the  region  of  interac  tion  and  tend  to  assume  the  same 
orieotac. i jc  as  the  shock/solid-surface  intersection  itself.  Thus  the  pressure 
ir-aaie-iL  •' n  tfie  direction  parallel  to  the  shock/sul  i  d-surf  ace  intersection  is 
very  weak  roia*.''ve  to  tne  pressure  gradient  in  the  perpendicul ar  direction, 
ir  Wo  assume  tnat  the  pressure  gradient  in  the  parallel  direction  is 
n'-jiT|.r/io,  then  w“  c  an  expect  that  the  flow  will  behave  locally  like  the  flow 
o:  an  inf  mi  to  span  swept  wing,  in  which  the  spanwise  derivatives  of  all  flow 
(Uaritities  .ire  zero.  A  well-known  result  in  i nf i ni te-swept-wi ng  boundary 
lay  or  meory,  Known  as  the  independence  principle,  states  that  the 
D.iu  1  c-y  _  j  dy,_. VO  1  oc  !  ty  pcufiles  in  the  direct  ion  perpend  i  cu  i  ar  to  the  isobars 
are  ’ 'u.oponucn t  oi  the  spanwise  flow  ana  are  therefore  the  same  as  would  occur 
ir  ■  '  K- e  ,o(id  ;  no  two-d  imensi  enal  flow  in  the  perpenuicul  ar-to-tnc-i  sobars 
r;  1 ''-'r  Li  on .  nr  independence  principle  is  exact  only  for  laniinar,  incompres- 
.'Olc  .  Lo  'i,  .  y  layers.  However,  i  t  has  oeen  found  tnat  cne  effects  of 
L. "O',  it  rc  0,  nit  casse  large  dcrviati.jns  from  the  bchaviur  predicted  by  the 
i '  i' .  ‘o  .•  .'.oripie  (Refereuce  10),  and  we  W'.uld  not  expect  the  effects  of 
‘  j.ii  ■  :  >  -  I  i.' 1  I  ■  L  / ,  iL  itjasL  at  ti'unsonii-  speeds,  to  cause  suostantiai  deviations 
■  I  '  I  I  I  '  s  i.'  'Jill  s  a  so '  i  ii  D  I  c'  to  (i  p  "  I  p  eiiip  1 1  I  c  i  SW;  f  i  shti  t  wo  -  d  i  me  n  s  i  onal 
. .  ii  ' '  I  i  r  /  ‘ !  e  r  i  1 1  tn '  -r  y  i  ;  I  ^  l  \  ;  c.  oiii  j  u  t  a  1 1 0  H  of  VC'  i  oc  i  ty  profiles  in 
.  li.''  :■  .uiar  yo  the  sr  s-:  k,  so  li  d--.iU  r'f  ace  1  ntersecti  on , 

,  ’'i  t  hi  ■  p ra  1  I  j  ■  1 1  ''o  1 1 0  n . 
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This  determination  of  shock  locations  is  based  on  the  behavior  of  the 
shock-perpendicular  Macn  number.  Resolving  the  local  Mach  number  into  a 
shock-perpendicular  component  requires  that  the  shock  sweep  be  known,  which  in 
principle  requires  that  the  shock  location  already  be  known,  both  locally  and 
at  adjacent  chordlines.  We  make  i-he  simplifying  c^suiuption  that  the  shock 
sweep  is  perpendicular  to  the  rnessure  gradient  at  a  point  in  the  shock  zone 
where  the  magnitude  of  the  gradient  is  maximum.  The  shock  sweep  can  then  be 
calculated  a  prior'  for  each  car.  Mdate  shock  zone  w'l'  out  the  actual  shock 
location's  being  known,  and  the  determination  of  shot  location  can  thus  be 
carried  out  i ndependeocly  for  each  chordline  in  the  >  ndary-layer  grid 
without  iteratior,.  Tne  bou.ndaries  z^  and  are  (.e"  •  .ined  oy  applying  a 

sequence  of  critci  la  based  on  the  value  and  gradi.-,,t  of  the  shock-perpendicular 
Mach  number.  Tnese  criteria  were  tuned  by  tri al -and-error  to  give  a  reliable 
definition  of  the  full  extent  of  the  zone  over  whicn  the  shock  was  smeared  in 
the  i nvi scid-f low  solution. 


The  treatment  of  the  shot  k/boundary-layer  interaction  model  within  the 
ooundary-1 ayer  grid  can  be  easily  understood  with  reference  to  a  typical  wing 
oount'ary- !  ayer  grid  as  shown  in  Figure  2.  The  grid  consists  of  a  curvilinear, 
orthogonal  mesh  of  grid  stations  on  the  wing  surface  arranged  as  a  series  of 
span  lines  and  c>ordliries.  Hereafter,  the  term  "station"  will  refer  to  a 
cirface  grici  point  as  snown  in  Figure  2.  Each  station  has  associated  with  it 
a  colcmn  of  grid  points  extending  from  the  surface  in  the  normal  direction 
s.nrougf:  the  boundary  layer.  The  boundary-1  ayer  solution  is  determined  in  a 
lurching  sequence  in  which  the  program  logic  "visits"  each  station  only  once, 
deter, i)i  ni  ng  the  solution  there  once  and  for  all  as  a  function  of  the  solution 
already  determined  at  other  stations  upstream.  The  basic  marching  direction 
IS  frijii!  the  leading  edge  attachment  line  to  trailing  edge,  taking  each 
spanline  in  turn,  while  ilong  each  spanline,  the  marching  is  from  root  to 
lip.  ihe  shock/boundary-layer  interaction  model  does  not  alter  the  basic 
marching  sequence;  it  merely  calls  for  a  different  set  of  operations  to  be 
carrioj  out  at  stations  associated  with  the  shock  zone,  while  the 
:-'K.r.:iary-:ayor  equations  are  solved  as  usual  at  all  other  stations.  All  grid 
stations  in  tn^  range  ^  ±  ^2  first  station  downstream  of  Z2 

are  considered  to  be  associated  with  the  shock  zone.  The  code  can  handle  up 
to  two  shock  zones  on  each  chordline. 


When  the  urogram  logic  "visits"  the  first  station  associated  with  a  shock 
zone,  tne  empirical  shoi  K-jump  conditions  for  that  shock  zone  are  computed. 
Ihis  Consists  or  computing  the  integral  parameters  of  the  velocity  profile 
,j<^rucndiculdc  to  the  shock/wi  ng-su rf are  intersection  upstream  of  the  shock, 

,  and  C,  at  z  ^  z,,  and  the  corresponding  downstream  parameters 

,  jnd  '  at  z  Zp,  using  the  jump  conditions  described  below. 

2  2 

ihi'  r  iinpj tati  in  oi  the  velocity  profiles  at  each  station  associated  with  the 
shock  zuriv  take:,  place  as  follows.  First,  the  local  values  of  the 
snock-perpendicul ar  integral  parameters  6*^  ,  ,  and  are  interpolated 


from  the  acistream  and  downstream  values  using  interpolation  functions  that 
depen,]  on  tne  local  value  of  perpendicular  Mach  number  as  sketched  in  Figure 
j.  Tnree-d imensional  boundary  layer  velocity  profiles  consistent  with  these 
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An  important  consequence  oT  item  2)  is  that  the  boundary-1 ayer  solution  will 
often  predict  separation  for  cases  in  which  the  shock  is  moderately  strong, 
but  in  which  no  separation  appears  in  the  real  flow. 

fhe  alternative  approach  explored  in  this  paper  differs  from  the  simple  scheme 
described  above  in  two  basic  areas:  the  treatment  of  the  effects  of  the  shock 
on  the  boundary  layer,  and  the  treatment  of  the  effects  of  the  boundary  layer 
on  the  shocK,  in  the  outer  inviscid  flow.  First,  the  treatment  of  the  effects 
of  the  shock  on  the  boundary  layer  is  improved  by  replacing  the  boundary-layer 
equations  in  the  shock  zone  with  a  set  of  semi-empirical  jump  conditions  for 
the  changes  in  boundary -layer  quantities  through  the  shock.  The 
boundary-1 ayer  equations  are  still  used  upstream  and  downstream  of  the  shock 
zone.  Several  investigators  (References  1,  2,  3)  have  shown  that  models  of 
this  type  offer  an  improvement  over  the  boundary-layer  equations,  and  Inger 
(Reference  4)  has  used  such  a  model  in  coupled  transonic  flow  calculations  for 
2-L)  airfoils.  Second,  the  effect  of  the  boundary  layer  on  the  outer  flow  is 
modelled  by  defining  the  displacement  thickness  in  the  shock  zone  so  as  to 
produce  the  same  effect  as  the  "viscous-wedge"  model  proposed  by  Yoshihara 
(Reference  5),  that  is,  to  encourage  the  inviscid  solution  to  produce  a 
perperidicul  ar  Mach  number  slightly  less  than  unity  downstream  of  the  shock. 

In  tnis  paper,  we  describe  the  extension  of  this  basic  approach  to  three 
dimensions  and  its  application  to  coupled  vi scous-i nvi sci d  three-dimensional 
transonic  flow  calculations.  The  approach  has  been  incorporated  into  two 
major  computer  programs  that  carry  out  such  coupled  calculations 
au tomatical  ]y.  t  rie  program  treats  wing-body  and  wing-body-strut-nacelle  flows 
using  a  transonic  ful 1 -potenti al  method  (Reference  6)  for  the  inviscid  flow, 
and  the  other  program  treats  nacelle-center-body  flows  using  an  Euler  equation 
method  (Reference  7).  Both  programs  use  a  three-dimensional  finite-difference 
boundary-layer  method  (References  8  and  9)  for  the  basic  boundary -layer 
calculations,  modified  to  also  carry  out  the  calculations  associated  with  the 
semi -empi rical  shock-jump  conditions. 

The  a  heck -Bound ary  Layer  Interaction  Model 

Basic  dperatuc 

fhe  interaction  betivoen  tne  boundary  layer  and  the  inviscid  flow  is  calculated 
by  d  (  lassiCdl  direct-iteration  scheme,  as  diagrammed  in  Figure  1(a).  In  each 
(yen'  ')f  rnp  iterative  procedure,  the  viscous  flow  is  computed  in  the  direct 
mode,  i.e.  tne  latest  i nvi sc i d -f 1 ow  velocity  components  on  the  surface  are 
user.  !)Cu  ,du  -y  conditions,  and  the  oistribution  of  displacement  thickness 
0*  on  roe  suri.jC'-  is  Computed  as  part  of  the  solution.  A  weighted  average  of 
tins  new  .*  anu  ten  s  *  r  rom  the  previous  cycle  is  then  used  to  modify  the 
sarta  c  snaj-.*  lor  the  next  cycle. 

Wie  ca'  -lat:  o  tne  v;sco...s  ’'.o.'-  'or  each  ry  le  invc'ves  several  steps,  as 

s  •;  ;i  -  i  j  j -v  1’,^:.  first,  the  r  o  rv  i  1 1  riOu  r ,  c)>tnog>)nji  surface  grid 
;ti  h  : '.n  i'i  jr'i  < 'i.jr,  t  nrec- di.si'n  ;  ional  i.o.jn-lary- 1  aye  calculation  i  s 
genecd.tL  !  ;  ce  irvisf  i  f .w  vvf.o/  ve:'tors  are  .pp copri ately  tra’^fonaed 

ar,,i  i.nte’t/sf  t’l  in'.,  .  n  ,  or,  the  i  nvi  sr  i  n  -  f  i  c.<  data  thus  c  iced 

ii,  r.nc  ..GO'  i  c,  er  yCid,  tne  •  ;ec.  ttons  of  tne  sh''c:xs  witn  the  cnviriwise 

oviunoar;  -  ,.yo,  ji’io  lines  a.'e  ,  ired.  fi'vfse  shocK  itmns  are  actual  ly 
.c?ri  '  .)/  .',treum  aei  'jOrtnsto,).i  .  oarip'  zi  ana  zp  ot  '‘s”io:k  zones" 
ive'  .•,ni;i  >h(V‘k  c,;-red  'n  .  lo  ;  nv  i  ;c  i  d- f  1  sv:l„tio;i,  as  shown  for  a 
typical  ni'ij  jnjndary  ■■■  irid  in  ’  .  .  re  2. 
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Introduction 

Several  widely  used  computer  programs  for  calculating  viscous  transonic  flow 
in  both  two  and  three  dimensions  use  a  classical  direct-iteration  scheme  to 
couple  an  i nvi scid-f low  solution  for  the  outer  flow  with  a  solution  to 
boundary-! aye r  equations  for  the  viscous  flow  near  the  surface.  In  transonic 
flow,  shocks  usually  appear  in  the  flow  field.  In  the  portion  of  the  field 
chat  is  modelled  as  inviscid,  these  shocks  appear  as  discontinuities  in  weak 
solutions  to  the  i nvi scid-f low  equations,  either  potential  or  Euler.  Such 
di sconti nui ties  are  in  principle  inappropriate  as  input  to  the  boundary-1 ayer 
equations,  since  they  require  smooth  boundary  conditions.  In  practice, 
however,  the  inviscid  solution  is  generated  numerically,  and  the  shock 
discontinuities  are  smeared  over  several  grid  cells.  It  is  a  common  practice 
to  feed  the  numerically  generated  inviscid  solution  directly  into  the 
ooundary-1 ayer  equations  (sometimes  with  interpolation  onto  a  finer  grid  for 
the  boundary -layer  calculations),  allowing  the  boundary-layer  solution  to 
respond  to  the  smeared  shock  jumps  just  as  it  would  to  any  other  pressure 
gradient.  For  very  weak  shocks  the  thickening  of  the  boundary -layer  through 
the  shock  predicted  in  this  way  should  be  very  nearly  correct,  but  for 
stronger  shocks  there  are  two  major  drawbacks  to  this  approach: 

1)  The  prediction  of  the  viscous  flow  development  through  the  shock  is 
inaccurate  because  the  assumptions  inherent  in  the  simple 
boundary-1 ayer  equations  are  violated  in  such  a  strong-interaction 
region,  and 

2)  The  coupled  solution  has  an  unrealistic  (and  non-physical)  dependence 
on  the  grid  spacing  used  in  the  inviscid  solution.  In  the  real  flow 
the  smearing  of  the  pressure  rise  through  the  shock  (as  seen  at  the 
surface)  results  from  the  interaction  of  the  shock  with  the 
boundary  layer,  while  in  coupled  calculations  the  smearing  depends 
strongly  on  the  grid  spacing  of  the  inviscid  solution,  especially 
with  the  relatively  crude  grids  generally  used  in  three-dimensional 
calculations. 
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Nondimens ional  y,  y  =  u^y/v 
Laminar  sublayer  thickness 

*  • 

Nondimens ional  y  ,  y  =  u  y  /v 

Lj  Li  T  Li 

Drag  characterization,  AB  =  ^ 

Rotta  II  shift 
Turbulent  dissipation  rate 
von  Karman  constant 

Length  factor  in  modification  function 

■k 

Nondimensional  X,  X  =  u  X/v 

T 

★ 

A  for  hyperbolic-tangent  modification  function 
* 

A  for  van  Driest  modification  function 

•k 

A  for  smooth  surfaces 

V 

Kinematic  viscosity  of  fluid 
Turbulent  eddy  viscosity 

Density  of  fluid 
Shearing  stress 
Laminar  shearing  stress 

Turbulent  shear  stress 

'•’all  sl;carlag  stress 
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NOTATION 


Slope  of  logarithmic  velocity  law,  A  =  l/t< 

Intercept  of  logarithmic  velocity  law  in  Reynolds-number  mode 
(also  drag  chara ■ terization  function) 

« 

Value  of  for  smooth  surfaces 

Intercept  of  logarithmic  velocity  law  in  relative-roughness  mode 

Value  of  for  fully  rough  regime 

Integrals  defined  by  Equation  (30) 

Roughness  height 
Other  roughness  lengths 

* 

Roughness  Reynolds  number,  k  =  u^k/v 

Turbulent  kinetic  energy 
Mixing  length 

* 

Nondimensional  mixing  length,  H  -  u^£/v 
* 

Value  of  a  at  the  wall 
Modification  function 

Roughness  texture,  T  =  k/kj^,  k^^/k^,  ... 

Streamwise  velocity  component 

* 

Nondimensional  u,  u  =  u/u 

T 

Shear  velocity,  u_  =  vT  /p 
I  w 

Subscript  denoting  conditions  at  the  wall,  y  =  0 
Normal  distance  from  wall 
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Variation  of  Turbulent 


(B.5) 


V 

4 

u 

T 


L  =■ 


Substitution  of  du  /dy  from  Equation  (10)  produces 


u 


T 


21 


l+X+(2£*)^ 


(B.6) 


and 


V 

4 


c 


(B.7) 


Some  general  properties  of  k  and  e  are  now  deduced.  At  higher  values  of  2.  , 

(v'c  /u  )fe  approaches  1  and  (v/u  )c  approaches  1/2,  . 

^  ,  4  ~  *  j- 

Also  (v/u^)e  reaches  a  maximum  value  of  1/4  at  2,  =  /2. 

This  maximum  value  is  independent  of  the  mixing-length  model. 

* 

In  Figures  B.l  and  B.2,  the  variation  of  k  and  c  with  y  are  shown  for  selected 
roughness  conditions. 


APPENDIX  B 


NEAR-WALL  VALUES  OF  TURBULENT  KINETIC  ENERGY  (fc) 
AND  TURBULENT  DISSIPATION  RATE  (e) 


A*^iodeling  method  for^-urrent)  turbulence  determines  the  turbulent  shear  stiess 
from  the  eddy  viscosity  which,  in  turn,  is  obtained  from  the  turbulent  kinetic 
energy  (k)  and  the  turbulent  dissipation  rate  (e)  from 


V  = 
t 


y  e 


(B.l) 


where  c^  is  a  constant. 

Values  of  fe  and  e  are  obtained  from  solutions  of  convection  equations  which  are 
partial  differential  equations.  However,  close  to  the  wall  it  has  been  found  that 
values  of  k  and  c  obtained  from  mixing  lengths  may  be  used  as  inputs  to  the  partial 
differential  equations  for  k  and  e  with  an  improved  accuracy^  in  the  solutions  of 
the  equations. 

By  equating  the  production  and  dissipation  terms  of  the  fe-equation,  Arora 
et  al.^  related  k  and  c  to  the  mixing  length  close  to  the  wall  as  follows, 


fe  - (^) 
/r  Vdy/ 

y 


(B.2) 


and 


=  (^) 


(B.3) 


Elimination  of  the  velocity  gradient  du/dy  produces  a  direct  relation  between  k  and 
€  with  Z  as  follows.  First  the  relation  for  k  and  e  are  nondimensionalized  to 


2 

u 

T 


k  = 


(B.A) 
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es 


Equating  the  two  expressions  for  du  /dy  results  in 


(A.h^ 


This  is  the  deaired  relation  for  converting  mixing  len^;t':is  to  eddy  viscosities. 

*  *  * 

At  large  values  of  1  ,  (v^/v)  -*•  2.  -*■  Ky  or  -*•  ^  ->■  <u^y. 

For  the  van  Driest  formulation  for  arbitrarily  rough  surfaces,  Figure  A.l  shows 

the  variation  of  eddy  viscosity  ratio  \)^/v  with  normal  distance  y  .  The  smooth  case 

is  shown  as  well  as  the  case  for  the  boundary  between  the  intermediate  and  fully 

rough  regimes.  Also,  as  an  example  of  the  fully  rough  regime  v  /v  is  shown  for  B,  = 

*  *  ^ 
-6.  At  large  values  of  y  ,  (v  /v)  -*■  Ky  as  seen  in  Figure  A.l. 

^  * 

It  is  to  be  noted  that  the  increase  of  v^/v  with  y  presented  here  applies  only 

to  the  boundary-layer  region  next  to  the  wall.  A  limiting  value  is  reached  which 

2 

corresponds  to  outer-region  values  such  as  those  given  by  Cebeci  and  Smith, 


change  in  the  shock-parallel  velocity  component  either.  We,  therefore, 
construct  the  paral lei -d i roction  velocity  profiles  on  the  assumption  that  the 
shock-parallel  velocity  component  is  unchanged  along  streamlines  of  the  flow 
through  the  shock  zone. 


The  jump  conditions  for  and  are  the  same  ones  used  by  Bozatli  (Reference 

3)  in  his  study  of  two-dimensional  airfoil  flows  using  an  integral  boundary 
layer  method.  The  6^  jump  condition  was  derived  from  a  numerical. 


non-asymptotic ,  triple-deck  theory  of  transonic  shock /boundary -layer 
interaction  developed  by  Inger  (Reference  1).  The  following  algebraic 
curve-fit  was  developed  by  Oeane  (Reference  11),  who  ran  Inger' s  program  for 
an  extensive  matrix  of  flow  conditions: 


A6*  =  6*^|5.17  +  8.65(hj^^  -  1.3)  -  l)tanh(Log^yR^*j_,  -  2.35),(1) 


where  H 


xi,  =  («x,  -  %)/(’• 


+U.1175  M, 


^-Ll 


[2) 


and  =  **-Ll  ^ej_^  (3) 


To  derive  the  jump  condition  for  Hj_,  we  use  an  integral  conservation  analysis 

proposed  by  investigators  at  ONEKA  (Reference  2)  and  illustrated  in  Figure  4. 
A  correlation  supporting  the  choice  of  =  0.5  for  the  entrainment 
parameter  is  presented  ’  Figure  5.  The  resulting  expression  for  Hj_2  is: 


H 


(4) 


where 


(5) 

(6) 

(7) 

(8) 
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and  K  =  0.5 
m 

For  the  shock-perpendicul ar  ski n-f riction  coefficient  downstream  of  the  shock, 
we  have  derived  a  simplified  curve-fit  of  Deane's  results  (Figure  40  of 
Reference  11): 

C,  =  C,.  r-2.125  +  2.6  +  0.5251  ,  (12) 

^-L2  ^-L|  L  -Ll  J 

This  completes  the  calculation  of  the  jump  conditions  a6^  ,  and 
L-  .  The  dependence  of  these  quantities  on  shock  strength  (M  )  is 

illustrated  for  typical  conditions  in  Figure  6. 

fne  criterion  for  shock-induced  separation  is  based  primarily  on  the  upstream 
perpendicular  Flach  number  M  and  is  applied  in  two  stages.  As  M 

increases,  the  first  indication  of  shock-induced  separation  is  given  by  the 
code  when  exceeds  a  threshold  value  that  depends  weakly  on  the 

shock-perpenuicular,  incompressible  shape  factor  of  the  upstream  boundary 
i dyer : 

I’l  1.5  -  0.139  H,,  (13) 

sep. 

Inis  :.A,j''ession  is  shown  in  Figure  7  superimposed  on  experimental  data  of 
Keference  2.  If  M  increases  above  this  first  threshold,  the  boundary-1 ayer 

'-J-1 

orograiii  continues  to  generate  a  solution  in  the  shock  zone  and  downstream  of 
the  shoek  zone  until  a  second  threshold  is  reached  when  M  =  1.4,  at  which 

e±i 

poirit  t,",.  vdiue  of  Cf  given  by  eqn.  (12)  (see  also  Figure  6)  becomes 

^±2 

negati  e.  ^hen  this  happens,  the  program  cannot  produce  a  solution  in  tne 
snoi  V  Zunt,  the  remainder  of  the  chordline  becomes  a  forbidden  zone  ei  the 

houn  j  jr-  ■  I  ./e  •  solution  domain,  wtere  no  solution  exists  md  where  solution 
w'ur  oi  ;  .  (ii  •  out  available  to  be  referenced  by  di  f  ferenc  i  ng  operations  at 
c  j  , 'oring  cations.  Tnese  forbidden  zones,  and  similar  ones  that  can  arise 
1 C'  .  ivwij  tne  boundary-1  ayer  equ-  tions  outside  the  shock  zone,  are  discussed 
’  0  Kt'ref'once  9. 


Generation  of  Velocity  Profiles  in  the  Shock  Zone 


At  each  station  associated  with  the  shock  zone,  the  integral  parameters  of  the 
shock-perpendicular  velocity  profile  are  determined  by  the  interpolations 
illustrated  in  Figure  3.  Shock-perpendicular  velocity  profiles  consistent 
with  these  parameters  are  then  calculated  by  an  algebraic  transformation  of 
the  profiles  at  the  station  immediately  upstream  on  the  same  chordline.  Thus, 
for  a  particular  shock  on  a  particular  chordline  (see  h'igure  2),  the  velocity 
profiles  at  all  the  stations  associated  with  the  shock  zone  stem  from  the 
profiles  at  the  last  station  upstream  of  the  shock  zone,  having  been  altered 
by  repetitive  applications  of  the  algebraic  transformation  procedure. 


The  new  velocity  profiles  at  the  current  station  are  required  to  match  the 
three  integral  parameters  6*  ,  Hj_,  and  ,  using  velocity  profiles  from 

the  station  upstream  for  which  these  integral  parameters  had  different 
values.  Also,  the  new  velocity  profiles  must  be  defined  at  the  regular  grid 

points  of  the  solution-adaptive  normal  coordinate  n  =  'I**  ,  where  6  is  an 
integral  measure  of  the  local  thickness  of  the  boundary  layer: 


Consistency  requires  that  the  value  of  6 

m 

profiles  defined  as  functions  of  n  satisfy 


1/2 

dy.  (14) 

be  determined  so  that  the  velocity 
the  relation: 


The  transformation  therefore  involves  four  input  parameters,  including  6 

and  an  iterative  procedure  is  used  to  determine  these  inputs  so  as  to  match 
the  three  required  outputs  and  the  consistency  condition,  eqn.  15. 


The  calculation  of  the  shock-parallel  velocity  profiles  is  based  on  the  idea 
that  the  parallel  velocity  component  should  be  constant  along  streamlines  of 
the  flow,  or  that  it  should  remain  constant  as  a  function  of  a  stream  function 
based  on  the  shock-perpendicular  velocity  profile: 


y(n) 


(16) 


•/  0 

To  begin  the  calculation,  f  is  computed  for  the  upstream  station  and  for  the 
current  station,  where  the  Uj_  profile  has  just  been  computed  by  the 
transformation  described  above.  The  new  shock-parallel  velocity  profile  is 
then  interpolated  from  the  corresponding  profile  at  the  upstream  station,  using 
T  as  the  independent  variable  in  the  interpolation. 


Viscous  viedge  iiodel 


(he  viscous  flow  solution,  including  the  shock/boundary-layer  interaction 
model,  affects  the  inviscid  solution  only  through  the  distribution  of 
displacement  thickness  6*.  Outside  the  shock  zone,  6*  is  determined  by  the 


three-dimensional  boundary-1 ayer  velocity  field  through  integration  of  the 
continuity  equation.  Inside  the  shock  zone  the  same  integration  is  carried 
out,  but  the  resulting,  6*  is  then  modified  so  as  to  have  the  desired 
"vi scous -wedge"  effect  on  the  outer  flow,  i.e.,  to  push  M.  toward  a  value 

ej_2 

slightly  less  than  one  on  each  chordline.  A  new  value,  is  calculated 

so  that  the  6*  derivative  in  the  chordwise  direction,  86*/3z,  is  changed  by  a 

factor  Ff,  that  depends  on  the  downstream  perpendicular  Mach  number  M  ,  i.e, 
u  ejL2 


3 _ new  =  Mg 

3  z  -^2 


a  old 
a  z 


The  function  F.,  (M  ),  plotted  in  Figure  8,  is  intended  to  provide  the  desired 
u  ej_2 

viscous-wedge  behavior.  The  growth  of  6*  is  increased  strongly  if  M„  is  too 

ei2 

low  (M  <  .95)  and  is  decreased  if  M  is  too  high  (M  >  .99).  When  M 

ei.2  ej^  ej^  e^^ 

is  in  the  desired  range  .95  <  M^  <  .99,  the  original  result  of  the  6* 

-  6X2  ~ 

integration  is  left  unaltered,  i.e.,  =  '5*oid*  ^l^’s  dependence  of  the  6* 

slope  on  11  has  proven  to  be  fairly  effective  in  driving  M^  toward  the 
6X2  ®-l-2 

desired  range  of  values,  though  it  usually  takes  several  viscous-inviscid 
iteration  cycles  for  M^  ,  and  thus  the  post-shock  pressure  level,  to  converge. 

6x2 

Comparisons  with  Two-Dimensional  Airfoil  Experiments 


In  the  experimental  investigation  reported  by  Cook,  McDonald,  and  Finnin 
(Kefence  12),  surface  pressures  and  boundary  layer  development  were  measured 
on  the  upper  surface  of  an  RAE  2822  airfoil  for  several  transonic  flow 
conditions.  To  test  the  performance  of  the  shock /boundary -layer  interaction 
model  we  chose  three  cases  with  moderate-to-strong  shocks  and  attached  flow. 

We  ran  these  cases  in  the  boundary -layer  program  in  the  direct 
i nf i ni te-yawed-wi ng  mode  at  zero  sweep  (assuming  two-dimensional,  planar 
flow),  using  the  measured  pressure  distributions  as  boundary  conditions  and 
the  measured  velocity  profiles  at  x/c  =  .179  as  initial  conditions.  The 
boundary  conditions  were  interpolated  onto  a  finer  x/c  grid  to  improve 
integration  accuracy  and  ensure  an  essentially  grid-independent  solution  in 
the  boundary-! aye r  program.  Two  calculations  were  made  for  each  case:  One 
using  the  ooundary-l ayer  equations  everywhere,  and  one  using  the 
shock/boundary-1 ayer  interaction  model  to  bridge  the  shock  zone  and 
Doundary-1  ayer  equations  everywhere  else. 

i.ic  fluv/  conditions  for  tne  tiiree  cases  cnosen  are  summarized  in  the  following 

t'lole : 


CASh 

K  XlU 

e , 

i 

'r  (deg) 

Cn 

max  M^ 

7 

.  725 

0.  5 

2.55 

.558 

1.196 

g 

.  720 

6.  5 

2.19 

.803 

1.291 

.  74o 


2.7 


J.i9 


.  7b3 


i.?88 


In  Case  7  the  shock  strength  is  moderate,  while  Cases  9  and  13A  are  on  the 
verge  of  shock-induced  separation  at  two  different  Reynolds  numbers. 

Figs.  9,  lU  and  11  show  the  measured  pressure  distributions  and  the  measured 
and  calculated  boundary-1 ayer  integral  parameters.  The  abrupt  increases  in  6" 
and  0  through  the  shock,  starting  at  x/c  =  .50,  are  evident  in  all  three 
cases.  In  Case  7  (Figure  9)  where  the  shock  strength  1'  moderate,  the 
boundary-layer  equations  (dashed  lines)  under-predict  he  increases  in  6*  and 
6  through  the  shock,  and  the  predictions  with  the  shoi  k/boundary-1 ayer 
interaction  model  igree  better  with  the  experimental  nata  aft  of  the  shock. 

The  shock/boundary  1 ayer  interaction  model  also  moves  the  predicted  H  closer 
to  the  data,  out  there  is  little  to  choose  between  the  two  Cf  predictions. 

In  Case  9  (Figure  10),  where  the  shock  is  considerably  stronger,  there  is 
surprisingly  little  difference  between  the  two  predictions,  with  the 
shock/boundary-layer  interaction  model  being  favored  slightly.  In  Case  13A 
(Figure  11),  also  with  a  strong  shock,  but  at  a  lower  Reynolds  number,  the 
jump  in  6*  through  the  shock  agrees  well  with  the  data  in  both  calculations, 
but  the  calculation  with  the  shock/boundary-layer  interaction  model  agrees 
much  better  with  the  data  from  there  aft.  The  shoe k/boundary-1 ayer 
interaction  model  also  predicts  the  change  in  Cf  through  the  shock  more 
accurately  in  this  case  (the  calculation  with  the  boundary -layer  equations 
nearly  separated).  At  this  low  Reynolds  number,  Fi  aft  of  the  shock  is  poorly 
predicted  by  both  calculations,  an  effect  also  seen  in  the  integral 
joundary-1 ayer  calculations  presented  oy  Bozatli  (Reference  3). 

Three-Dimensional  Wing  Calculations 

To  test  the  new  model  for  three-dimensional  swept  wings,  two  wing-body 
configurations  were  chosen  for  which  experimental  pressure  data  were  available 
over  a  range  of  flow  conditions  including  the  onset  of  shock-induced 
separation:  an  experimental  wing  design  tested  in  the  Boeing  transonic  wind 
tunnel,  and  the  747  wing-body  half-model  tested  at  high  Reynolds  number  in  the 
I. ASA  Ames  11  foot  pressure  tunnel.  For  each  configuration,  calculations  were 
carried  out  over  a  range  of  flow  conditions.  Each  flow  condition  was 
calculated  both  with  and  without  the  new  model.  The  nominal  experimental 
flight  conditions  (Mach  number  and  Reynolds  number)  were  used  for  all 
t alcul ations.  For  the  experimental  wing,  experimental  values  of  a  were 
increased  by  a  constant  increment  of  0.32“  for  the  calculations  to  give  better 
agreement  with  upper-surface  roof-top  pressure  levels  and  thus  shock 
strengths.  For  the  747  test  cases,  the  experimental  values  of  a  were  used 
without  adjustment.  The  experimental  trip  locations  were  used  in  all 
calculations  with  the  exception  that  if  the  calculation  encountered  laminar 
separation  ahead  of  the  designated  trip  location,  transition  was  automatically 
moved  forward  to  the  laminar  separation  point.  All  of  the  calculations  were 
run  for  6  complete  potenti al -f 1 ow/boundary-1 ayer  cycles,  using  100  coarse,  100 
medium,  ana  iu  fine  mesh  sweeps  in  cycle  1  followed  by  30  fine  mesh  sweeps  in 
each  succeeding  cycle. 


The  test  cases  are  summarized  in  the  following  table: 

.(deg. I  with  without  comparisons 


CONFIGURATION 

Moo 

W.T. 

Analysi s 

new  model* 

new  model* 

in  fig. 

Experimental  wing 

.77 

2.20 

2.51 

r 

V' 

12 

.79 

1.41 

1.73 

v' 

X 

13 

2.14 

2.46 

V 

14 

II 

2.60 

2.92 

X 

747  Wing-body 

.84 

2.73 

2.73 

V 

✓ 

16 

.86 

2.70 

2.70 

✓ 

✓ 

17 

.88 

2.74 

2.74 

X 

18 

*key  to  table  symbols 

/  Reasonable  convergence  was  achieved 

X  Separation  was  predicted  at  the  shock  over  much  of  the  span 

The  experimental  wing  was  run  once  at  the  cruise  Mach  number  of  .77  and  then 
for  a  series  of  a's  at  the  higher  Mach  number  of  .79,  for  which  the 
calculations  without  the  new  model  prematurely  indicated  separation  at  the 
shock.  The  747  wing-body  was  run  at  essentially  constant  a  for  a  series  of 
Mach  numbers  up  to  a  point  where  the  calculations  without  the  new  model 
predicted  separation  at  the  shock  over  most  of  the  span. 

The  predicted  pressure  distributions  for  the  experimental  wing  are  compared 
with  experiment  in  figs.  12-14.  Near  the  cruise  point  (Figure  12)  both 
calculations  give  reasonably  good  agreement,  especially  near  rnid-semi-span. 

The  shock  location  and  post-shock  pressure  distribution  are  predicted  slightly 
better  by  the  new  model.  The  smearing  of  the  shock  in  both  calculations  is 
greater  than  in  the  experiment.  Outboard  of  mid-semi -span  both  calculations 
underpredict  the  roof-top  suction  and  the  lift,  and  inboard  of  mid-semi-span 
both  calculations  predict  the  shock  too  far  aft. 

At  the  high  Mach  number  of  .79,  all  of  the  calculations  without  the  new  model 
prematurely  predicted  separation  at  the  shock,  and  the  pressure  predictions 
are  therefore  meaningless.  The  pressure  predictions  for  6-cycle  calculations 
with  the  new  model  are  shown  in  figs.  13  and  14.  The  agreement  at  a  =  1.73“ 

(a  =  1.4“  experimental)  in  fig.  13  is  not  bad  considering  that  this  is  a  case 
for  which  the  calculations  without  the  new  model  were  unable  to  obtain  a 
converged  solution.  With  increasing  a  (figs.  13  and  14)  the  calculations  show 
an  increasing  tendency  to  predict  the  shock  too  far  aft  and  with  too  low  a 
post-shock  Mach  number.  We  have  found  that  running  more  viscous-inviscid 
iteration  cycles  tends  to  push  the  post-shock  Mach  number  in  the  right 
direction,  but  the  convergence  is  very  slow. 

.ro  highest  angle  o'"  attack  (a  =  2.92“;  a  -  2.6“  e.'.perimental )  the 
sno(  k /boundary -1  aye r  interaction  model's  first  separation  criterion  (eqn.  13) 
was  exceeded  over  a  large  fraction  of  the  span,  and  the  final  separation 
criterion  (IT  >  1.4)  was  exceeded  over  most  of  the  outboard  half  of  the  semi- 

spcin,  Cdusinj  a  zone  of  forbidden  solution  there.  The  pressure  predictions 
ror  Lnis  case  are  therefore  not  presented.  The  progression  of  shock-induced 
separation  prediction  wi  tn  ang.  j  .if  ottack  is  illustrated  in  Figure  15,  which 
..-('MS  tne  location  on  the  platrorm  wner,.  tne  two  criteria  were  exceeded.  At 


a  =  1.73°,  neither  criterion  is  exceeded,  at  a  =  2.46'’  the  first  criterion  is 
exceeded  over  part  of  the  outboard  wing,  and  at  a  =  2.92'’  both  criteria  are 
exceeded  as  already  described.  An  examination  of  the  experimental  pressure 
data  showed  that  trai 1 ing-edge  pressure  divergence  has  just  begun  at  a  =  2.6“, 
suggesting  that  in  this  case  the  onset  of  shock-induced  separation  in  the 
experiment  correlates  roughly  with  the  final  separation  criterion  (M^  >  1.4) 

built  into  our  model.  -*-l 

Test-theory  comparisons  for  the  747  wing-body  are  shown  for  Mach  numbers  of 
.84,  .86,  and  .88  in  Figures  16,  17  and  18  respectively.  This  is  a  more 
difficult  configuration  for  the  calculations  because  of  tne  more  complex  siock 
pattern.  Particularly  at  M«.  =  .86  and  .88,  there  is  a  double  shocx  inboard 
of  mid-semi-span  and  a  single  shock  outboard.  The  supersonic-to-supersonic 
forward  shock  on  the  inboard  wing  tends  not  to  be  resolved  well  by  the 
finite-volume  method  in  the  i nvi scid-flow  program,  as  can  be  seen  in  the 
figures  for  all  three  Mach  numbers.  It  is  interesting,  however,  that  in  the 
calculations  with  the  new  model  the  shock-location  algorithm  was  able  to 
identify  the  forward  shock.  A  characteristic  x-shock  pattern  is  seen  for  all 
three  cases  when  the  shock  locations  found  by  the  algorithm  are  plotted  on  the 
platform,  as  shown  in  Figure  19.  The  circular  symbols  on  these  plots  indicate 
the  locations  where  the  first  shock-induced  separation  criterion  (eqn.  13)  was 
exceeded,  and  they  are  seen  to  span  most  of  the  outboard  wing  at  Mao  =  .88. 

The  final  separation  criterion  (M  >  1.4),  however,  was  never  exceeded.  The 

®-«-l 

experimental  data  show  no  signs  of  trai 1 ing-edge  pressure  divergence, 
indicating  that  shock-induced  separation  has  not  yet  begun.  Calculations  at 
any  higher  Mach  numbers  were  not  attempted,  however,  because  the  calculations 
with  the  new  model  display  an  increasing  tendency  toward  trai ling-edge 
separation  with  increasing  Mo*  ,  as  shown  by  the  dashed  boundary.  In  the 
calculations  without  the  new  model,  there  was  no  trai ling-edge  separation 
indicated  at  M«i  =  .84  and  .86,  while  at  Mo*  =  .88  separation  was  encountered 
at  the  aft  shock  over  most  of  the  span  (also  shown  in  Figure  19),  making  the 
pressure  predictions  meaningless  in  this  case.  (Thus,  only  the  pressure 
predictions  with  the  new  model  are  shown  for  this  case  in  Figure  18.)  Again, 
the  new  model  was  able  to  obtain  a  reasonable  result  for  one  case  (Mo*  =  .88) 
in  which  the  calculations  without  the  model  failed  due  to  premature  prediction 
of  shock-induced  separation. 

Three-Uimensional  Nacelle  Calculations 

The  new  model  is  also  being  used  routinely  for  modeling  flows  about 
transport-aircraft  fan-cowls.  For  one  particular  case,  comparison 
calculations  were  made  both  with  and  without  the  new  model. 

Both  sets  of  calculations  for  this  case  were  run  for  4  complete  cycles.  In 
the  calculations  without  the  new  model,  the  boundary-1 ayer  program  encountered 
separation  at  the  shock  (at  about  20  percent  chord  near  the  crown  line  of  the 
external  surface)  on  cycles  1  and  4.  Thus,  it  is  unlikely  that  the  comparison 
calculations  would  ever  have  converged,  and  the  corresponding  pressure 
predictions  are  therefore  meaningless.  In  the  calculations  with  the  new 
model,  the  solution  is  not  very  well  converged  at  cycle  4,  but  there  is  no 
separation  and  the  solution  is  converging.  In  Figure  20  external -surface 
pressure  distributions  calculated  at  cycle  4  with  the  new  model  are  compared 
with  experiment  at  three  constant-e  cuts.  Already,  agreement  with  the  data  is 
quite  good,  except  that  the  forward  suction  peak  is  underpredicted  at  e  =  90“. 
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Conclusions 

A  new  computational  model  for  three-dimensional  shock-boundary  layer 
interaction  has  been  developed  for  use  in  viscous  transonic  flow 
calculations.  In  general,  the  new  model  has  been  found  to  be  an  improvement 
over  the  old  method  in  which  the  boundary -layer  equations  are  simply 
integrated  through  the  shock.  The  basic  empirical  content  of  the  method  was 
tested  against  detailed  boundary-1 ayer  measurements  in  two-dimensional 
transonic  airfoil  flows,  and  the  new  model  was  found,  in  general,  to  give 
better  agreement  with  experiment.  The  new  model  has  also  been  tested  in 
coupled  viscous-inviscid  interaction  calculations  for  wings  and  for  nacelles. 
From  comparisons  with  measured  pressure  distributions  the  following 
conclusions  can  be  drawn; 

1)  For  cases  with  weak-to-moderate  shocks  the  new  model  gives  a  slight 
improvement  in  agreement  over  the  old  method. 

2)  For  cases  with  strong  shocks  that  caused  the  old  method  to  fail  by 
predictinn  shock-induced  separation  prematurely,  the  new  model 
continues  to  converge  (slowly),  providing  reasonable  agreement  with 
experiment. 

3)  The  new  model  appears  to  be  able  to  predict,  at  least  crudely,  the 
onset  of  shock-induced  separation,  provided  the  onset  is  not  preceded 
by  significant  trai ling-edge  separation. 
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FIGURE  2  TYPICAL  WING  SURFACE  GRID  USED  BY  3-D 
BOUNDARY  LAYER  PROGRAM  ILLUSTRATING 
THE  DEFINITION  OF  A  SHOCK  ZONE  ON  ONE  CHORDLINE. 
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<S>  BOUNDARY  LAYER 
SOLUTION  POINTS 

A  VALUES  AT  UPSTREAM  AND 
DOWNSTREAM  BOUNDARIES 
OF  SHOCK  ZONE 

O  INTERPOLATED  VALUES 
ASSOCIATED  WITH  SHOCK 
ZONE 


FIGURE  3  ILLUSTRATION  OF  INTERPOLATION  FUNCTIONS  USED  TO  DETERMINE 
BOUNDARY  LAYER  INTEGRAL  PARAMETERS  INSIDE  SHOCK  ZONE. 


SHOCK /BOUNDARY  LAYER  INTERACTION 

DISCONTINUITY  ANALYSIS 
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FIGURE  4  ILLUSTRATION  OF  INTEGRAL  CONSERVATION  ANALYSIS  (EQNS.  3.3.9-10) 
USED  TO  DETERMINE  REPRODUCED  FROM  REF.  2  WITH  ORIGINAL 

ONERA  NOMENCLATURE. 
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SHOCK /  BOUNDARY  LAYER  INTERACTION 
MASS  ENTRAINMENT  COEFFICIENT 


WITH  ORIGINAL  ONERA  NOMENCLATURE. 


WITH  NEW  MODEL 
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FIGURE  7  experimental  DATA  CORRELATION  FROM  ONERA  FOR  SHOCK-INDUCED  SEPARATION. 
REPRODUCED  FROM  REF.  2  WITH  ORIGINAL  ONERA  NOMENCLATURE  AND  LINE 

REPRESENTING  EQN.  13  ADDED. 
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1.  EXPERIMENTS 


The  model  investigated  in  the  3m  x  3m  Low  Speed  Wind  Tunnel  of  the  DFVLR 
(Idttingen  is  a  sting-mounted  prolate  spheroid  of  axis  ratio  1:6  (Fig .  1 ) .  The 
wind  tunnel  model  was  especially  designed  for  the  investigation  of 
three-dimensional  boundary  layers  and  separated  flow  fields.  The  measuring 
tf'.c.hn  iques  used  are  fioscrihed  in  detail  in  Refs.  [1],  [2],  [3] 

The  •juan :  i  tat ; measurements  were  supplemented  by  different  flow  visualiza¬ 
tion  techriiniies  like  oil  flow  patterns.  Laser  light  sheets  and  hydrogen  bub- 
]i\i  r^'eriiod  ,)  witor  tr;wing  tank.  For  this  purpose  wind  tunnel  models  of 
a  r  :  o as  i e s  w  e  t  * ;■  i ■ .  e  ; 

ii:'  l;'iw  Snee  i  rtiiuj  i'liTiiie!  --  2a  =  huOi'  nim  (cf.  Fig.  1) 

1 ::  h  '  ;)■■  ■  :  ;  i.,i  Tiiuii'' ;  =  480  mm 

/:  es  eir  ! i.ow  Siieeu  kind  i'unne]  (  p  =  100  b<'irj  L  =  480  mm 

'  '  max 

Tile  ripp  i  1  (.a  t  i  on  of  diiforeait  model  sizes  and  different  wind  tunnels  enabled 
ee  le  tejVei  Keviioitis  nuinber  rani'e  Re  =  i'  L/v  =  1.5  x  10^  to  90  x  10®. 

oo 
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2.  RESULTS 


As  has  been  found  from  surface  hot  film  measurements.  Ref.  [3],  the  boundary 
layer  flow  over  the  prolate  spheroid  is  completely  laminar  at  an  angle  of 
incidence  a  =  10°  and  a  free  stream  Reynolds  num:  -  of  Re  =  1.6  x  10^,  As 
demonstrated  in  [3]  one  can  calculate  wall  streamlines  from  measured  wall 
shear  stress  vectors.  Fig.  2  shows  the  derived  wall  streamlines  and  a  typical 
example  of  wall  shear  stress  vectors  measured  in  the  cross  section 
XQ/2a  ~  0.48  for  this  flow  case. 

This  re.sult  clearly  indicates  two  facts: 

1  .  One  obtains  converging  streamlines  whicli  merge  to  an  envelope. 

2.  In  the  regime  of  the  enveloping  streamline  the  wall  shear  stress  reaches  a 
minimum  and  its  circumferential  component  vanishes,  if  the  co-ordinate  sys¬ 
tem  of  Fig.  1  is  applied. 

This  wall  streamline  pattern  is  difficult  to  understand  if  the  corresponding 
wall  press\ire  distribution  (Fig.  3)  is  considered.  At  a  first  glance  the 
differences  between  the  measured  and  the  potential  flow  pressure  distrib¬ 
utions  do  r\ot  lead  to  the  supposition  that  a  vortex  flow  is  created.  However, 
it  is  clearly  indicated  that  in  the  regime  where  negative  deviations  between 
the,  derivatives  "^-p/ ^)f,xp  ^p^  ^  ^ot  (compare  Figs .  4a, bj,  an 
enveloping  limiting  streamline  was  found.  But  the  cross  flows  induced  from 
the  vortex  flow  are  still  small  compared  to  the  longitudinal  velocity  and 
cause  a  weak  v  i  .scaus -  i  nv  iscid  inte.ract  ion  . 

An  oil  flow  pattern  (Fig.  5)  obtained  in  the  Im  Low  Speed  Wind  Tunnel  is  in 
excellent  agreement  with  the  wall  streamlines  derived  from  measured  wall 
shear  stress  values.  For  comparison,  the  calculated  line  of  the  boundary  lay¬ 
er  separation  is  shown  in  Fig.  6 .  This  result  published  in  [4]  does  not 
change  significantly,  if  other  ca 1 cu 1  at  ion  methods  are  applied  (Refs.  [5]  to 

PI  )■ 


In  order  to  obtain  some  more  detailed  information  about  the  topological 
structure  of  the  separat('d  flow  field  the  baser  light  sheet  technique  in  the 
1m  Wind  Tunnel  and  the  hydrogen  bubble  method  in  the  DFVLR  Water  Towing  Tank 
[lOj  w(^re  applied.  Both  flow  visualization  techniques  load  to  a  flow  pattern 


on  the  leeward  side  of  the  prolate  spheroid  which  is  shown  in  perspective 
sketch  in  F i ^ .  7 .  In  an  attempt  to  describe  three-dimensional  separated  flows 
unamb i gous ly ,  liornung  and  Perry  [11]  introduce  the  concepts  of  streamsur f ace 
bifurcation.  In  this  manner  they  avoid  using  the  terminology  of 
two-diine.ns  i  ona  1  iluw.  St  ri'.amsurf  aces  ,  rather  than  streamlines  constitute 
the  boundaries  between  distinct  regions  of  space.  A  detailed  de.scription 
of  s t reamsur face  bifurcations  in  Fig.  7  is  given  in  Ref.  [12], 

The  scliematic  flow  pattern  of  "Cross  Section  b  "  in  Fig.  7  is  confirmed  by 
e.xperiments  shown  in  Figs.  8a  and  8b,  where  measured  velocity  vectors  in  the 
(\,  i -n !  ane.  at  '2a  =  0.7  ]  are  shown.  Thesi?  measurements  were  carried  out 

it.  the  'itr.  x  bm  how  Speed  Wind  Tunnel  on  the  2.4  m  long  model. 

Ttie  nicasured  velocity  field  (Fig.  8a')  clearly  indicates  a  strc'-'g  vortex  with 
u  core  at  aoout  ij  ~  200°.  .An  enlargeme.nt  of  the  details  between  (t>  =  210°  and 
$  -  2'*n°  (Fig.  8b j  eliu.idates  t.he  existence  of  two  additional  vortices.  The 
directions  of  rotation  are  identical  with  those  shown  in  Fig.  7.  Even  a  free 
saddle  point  is  indicated,  so  that  the  supposed  topological  structure  of  the 
s^jjaratioii  is  clearly  supported  by  experimental  evidence.  The  experimental 
results  suggest  that  the  sectional  streamline  emerging  from  "s"  toward  the 
body  is  not  the  same  one  as  that  following  into  the  halfsaddle  on  the  body. 
However,  the  experimental  technique  could  not  resolve  this  detail. 

Th.is  topological  strr.ctiire  is  similar  to  that  obtained  for  laminar  flow  at 
a  =  U)°  ind  Re  - 1  . Id".  It  is  (-ontirnied  by  the  wall  streamline  patterns 
obtained  from  wail  shear  stress  .measurements  (cf.  Kef.  |3]),  and  correspond¬ 
ing  oil  flow  patterns  ( comyiare  Figs.  5  and  9).  The  main  difference  which  can 
'oe  onsf'rved  in  the  oil  flow  patterns  is  the  shift  of  the  separation  line  to 
r.igiK'r  c  i  ream:  erent  ia  i  angles  0. 

Th'’  piressure  distribution  in  the  turbuient  cast'  differs  considerably  from 
(.ci respond iug  values  calculated  by  potential  tneory  (Fig.  iOj.  This  implies 
tiM’  we  lave,  in  conlrast  to  the  lamin.ir  flow  sefiaratioii  fFig.  and  6),  a 
iionn,  ■■  i '.cc;us  -  i  ii\’ i  sc  i  ri  interaciion  on  the  leewarc;  side  flow  f  i  e  ui  hut  a  com- 
pirabie,  tcipoiogical  structure  o ;  the  separated  t  low  field. 

If  wi’  iiirifsise  t-iie  f’'ee  St  reai'i  velocity  to  45  m/s  ,  ill.  an  angle  of  inci- 
1  'in  e  a  ■  :  we  a:,  e.'-.'.i'-c;  to  i,;i\c  a  sepiii'iit  i  on  <^1  u  three-dimensional  tur- 

oc  e:,'.,  i),i';;iary  iaver  tin-  •  loss  SCI. Lion  Xj^/2a  =  0 .  bu  (compare  Ref.  [3]). 
'in  ri.n  cssuri  d  , '  i' : !  •  iim  !i.:  this  flow  condition  is  verv  similar  to 


that  shown  in  Fig.  3.  however,  the  topological  structure  of  the  flow  s(!’pa- 
ration  seems  to  differ  considerably  from  that  wi'  found  for  the  laminar  . 
In  Fig.  11  the  development  of  the  limiting  wall  streatnl  ines  indicates  a  con¬ 
vergence  only  at  the',  rear  part  of  the  model  which  is  confirmed  again  by  the 
corresponding  oil  flow  pattern  (Fig.  12)  obtaiin  in  the  Pressurized  Low 
.^pec'.d  Wind  Tunnel.  Tliat  means  we  have  only  oiu'  pn  -  of  vortices  at  tlic  :'c;ar 
part  of  the  proiatc  spheroid.  These  vortices  do  cause  a  secondary  boundu' 
ry  layer  separation  as  it  was  determined  in  the  laminar  case  (Figs.  2  and  .5j. 
The  topological  structure  of  the  flow  separation  can  be  described  by  detail 
lb  in  Fig  7 . 

The  measured  boundary  layer  profiles  in  three  cross  sections  indicate  a  con¬ 
siderable  increase  of  the  boundary  layer  thickness  on  the,  letiward  side  of  the 
prolate  sprieroid  (Fig.  13;.  For  the  body  oriented  co-ordinate  system 
(Fig.  1  )  nc'gativc  cross  flow  occurs  at  smaller  angles  0,  with  increasing  dis¬ 
tance.  Xq.  The  vortical  structure  within  the  boundary  layer  may  be  interpreted 
as  a  longitudinal  vortex  embedded  inside  of  a  thickening  boundary  layer. 
This  vortex  appear.s  to  grow  in  "size"  and  "strength"  and  moves  away  from  the 
surface.  The  negative  crossflow  is  certainly  not  an  unequivocal  identifica¬ 
tion  of  a  flow  separation,  because  its  location  depends  on  the  co-ordinate 
system  chosen  for  the  data  reduction  procedure.  Consequently,  for  the  iden¬ 
tification  of  separation  other  criteria  should  be  applied  which  have  to  be 
independent  of  co-ordinate  systems.  These  may  he  obtained  by  calculating  the 
divergence,  of  the  wall  shear  stress  and/o>'  d(>L(!riTiining  the  eigen-values  of 
the  .iacobian  matrix  of  the  velocity  field,  cf.  kt-f.  |  1  3  J  . 


3.  SUMMARY 

The  t  1  gcjt  ions  le.ad  t(,'  the  fcj]  lowing  r<.'sul’..u  and  conclusions: 

■'’he  I  opo  i  o.q  1  uu  !  siiiicture  of  the  separation  patterns  on  the  prolate  spher¬ 
oid  indicates  considerable  difforence.s  at  an  angle  of  incidence  a  =  10° 
betwec'i;  laminar  and  turbulent  three-dimensional  boundary  layer  flow. 

The  V  i  ,cous  -  i  nv  1  sc.  id  interaction  at  a  =  10°  is  weak,  thus  only  small  cross 
flows  compared  to  the  longitudinal  velocity  occur.  For  this  reason  differ¬ 
ences  lu'twcen  the  measure.d  and  the  calculated  iiotential  flow  surface!  pres- 
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sure  Cp,  which  would  indicate  a  flow  separation,  are  not  recognizable.  The 
corresponding  derivatives  /  90  and  Sc^/ 3xq  lead  to  systertiatical  devi¬ 
ations  in  a  region  where  flow  visualizations  and  wall  shear  stress 
measurements  indicate  negative  streamsurface  bifurcations. 


The  topological  structure  of  the  separation  pattern  at  an  angle  of  inci¬ 
dence  a  =  10°  for  laminar  boundary  layer  flow  is  similar  to  that  observed 
at  a  =  30°  with  turbulent  boundary  layer  separation.  This  separation  pat¬ 
tern  is  discussed  in  detail  and  compared  with  experimental  results. 
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Cross  flow  velocity  components  in  the  yQ-fc^-pl ane  of  the 
lec'side  flow  field  on  an  inc:lined  prolate  spheroid.  (Tur 
bulent  boundary  layer  separation  in  the  cross  section 
v„/f,  =  0.73  at  r.  =  50^.  U  =  4b  m/s.  Re  =  7  x  10^). 


g.  9:  oil  flow  pattern  for  turbulent  boundary  layer  separation  (a  =  3 
=  37  m/s,  Pq  =  6,5  bar,  model  length  L  =  48  cm.  Re  =  8  x  10‘ 
DFVLR  Pressurized  Low  Speed  Wind  Tunnel). 


Uoo  =  45m/s 
a  =30° 


Model  Dimensions 
2a  =  2,4  m 


2b  =  0.4  m 


Measured  surface  pressure  distributions  in  comparisitn  witli  cal- 
culateii  values  baseil  on  poti'ntial  flow  theory  (laminar,  transit  io 
na  1  ami  turbuliTit  houndarv  laver  flow*  Re  =  7  x  lO'). 


Wall  streamlines  calculated  from  measured  wall  shear  stress  value 
distributions  in  12  cross  sections. 


Oil  flow  patlcrn  for  turbulent  boundary  layer  separation  (a  =  10° 
’  oo  ~  m/ s ,  p^j  =  1,9  bar,  model  length  L  =  48  cm,  Re  =  7.2  x  10*^’ 

DFVI.R  Pri’ssur  ixed  Low  Speed  Wind  Tunnel). 
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45  m/s  1 


Flow  reversal 
(Y  =  0) 

V 


o  =  10' 


Fig.  13:  Ihe  development  of  the  three-dimensional  boundary  layer  "dis¬ 
placement  thickness"  6^^  with  natural  transition.  Re  =  7  x  10^ 

6  u 

S  =  /  (1  -  -^)  dz 
1  r  /  Ug 

o 

u  =  resultant  mean  velocity  in  the  three-dimensional  boun- 
r 

dary  layer 

u  =  u  at  /.  =  '' 
e  r 

Y  =  cross  flow  angle 

ifi  =  circumferential  angle  (cf.  Fig.  1) 
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EXPERIMENTAL  STUDY  OF  VORTICAL  FEATURES  IN 
THREE-DIMENSIONAL  SEPARATED  FLOWS 


H.  Bippes 

ABSTRACT 

Possible  topological  structures  of  three-dimensional  separated  flows  are 
studied  on  a  hemisphere-cylinder  at  incidence.  By  means  of  a  systematic  vari¬ 
ation  of  flow  parameters  a  manifold  of  skin-friction  patterns  is  produced.  It 
is  established  that  they  develop  from  three  basic  structures  simply  by  suc¬ 
cessive  splitting  of  saddles  in  saddle-node-saddle  combinations.  The  adjoin¬ 
ing  spatial  flow  field  is  visualized  in  low  Reynolds  number  water  tunnel 
flow,  where  similar  kind  of  skin  friction  pattern  develops  as  in  fully  turbu¬ 
lent  flow.  Velocity  field  measurements  in  the  separated  region  on  a 
rectangular  wing  indicate  that  on  both  models  a  similar  topological 
structure,  including  unsteady  effects,  is  possible. 


1.  INTRODUCTION 


The  prediction  of  three-dimensional  separated  flows  is  one  of  the  most  intri¬ 
cate  problems  in  classical  fluid  mechanics.  In  many  cases,  complicated  struc¬ 
tures  develop  upon  which  unsteady  effects  may  be  superimposed.  Theoretical 
treatment  by  Legendre  [1],  Lighthill  [2]  among  others  and  recently  by  Hor- 
nung  and  Perry  [3]  and  Dallmann  [4]  is  based  on  local  solutions  on  the  sur¬ 
face  or  in  planes  of  symmetry.  The  extension  to  the  adjoining  spatial  flow 
field  is  inferred  there  from-more  by  asymptotic  arguments  or  even  by  intui¬ 
tion  rather  than  by  unequivocal  analysis.  Hence,  there  is  a  need  for 
extensive  experimental  support. 

Peake  and  Tobak  [5]  have  revealed  a  series  of  typical  features  for  a  sepa¬ 
rated  flows  by  reviewing  available  experimental  evidence  and  by  visualizing 
the  skin-friction  field  on  a  hemisphere  cylinder  at  incidence  in  supersonic 
flow,  but  their  separation  concept  [6]  does  not  include  all  the  features 
found  by  Wang  [7],  Hornung  [8]  and  Dallmann  [4],  [9].  As  only  the  case  of 
open  separation  (Wang  [7])  seems  to  be  sufficiently  described,  above  all  by 
the  extensive  experiments  on  a  prolate  spheroid  of  Meier  et  al.  [10],  [11], 
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further  experiments  are  needed  which,  by  a  systematic  variation  of  the 
related  flow  parameters  reveal  as  much  as  possible  of  the  whole  band-width  of 
possible  structures. 

With  experiments  on  a  hemisphere  cylinder  and  on  a  rectangular  wing  an 
attempt  has  been  made  to  supplement  experimental  data  by  varying  systemat¬ 
ically  Reynolds  number,  Mach  number  and  angle  of  incidence  in  laminar,  tran¬ 
sitional  and  turbulent  flow.  For  providing  qualitative  data  flow  field  and 
unsteady  pressure  measurements  are  performed  on  the  rectangular  wing  at  high 
incidence . 

In  the  following  a  survey  on  some  of  the  results  is  given.  For  details  the 
reports  of  Bippes  and  Turk  [12],  [13]  may  be  referred  to. 


2 .  DESCRIPTION  OF  THE  EXPERIMENTS 

For  the  systematic  parametric  study  a  hemisphere  cylinder  is  used  fFig.  11. 
The  skin-friction  fields  are  visualized  with  the  aid  of  the  oil  film  tech¬ 
nique  in  a  low-speed  and  a  high-speed  wind  tunnel.  The  adjoining  spatial 
flow  field  is  displayed  by  a  special  wet  surface  coating  method  applicable  in 
stable  laminar  water  tunnel  flow. 

In  order  to  study  the  fully  turbulent  case  in  the  wind  tunnels,  either  the 
turbulence  level  of  the  oncoming  flow  is  increased  or  the  boundary  layer  is 
tripped. 

Qualitative  data  are  obtained  by  time  averaging  flow  field  measurements  and 
unsteady  pressure  measurements  on  a  rectangular  wing  with  an  aspect  ratio  of 
3.1  in  a  low  speed  wind  tunnel  (Fig.  21. 


3.  SKIN  FRICTION  PATTERNS 


3 . 1  Incompressible  Laminar  Flow 

A  typical  skin-friction  pattern  developing  on  the  leeside  of  a  hemisphere.' 
cylinder  in  stable  laminar  flow,  where  transition  to  turbulence  takes  place 
only  sufficiently  downstream  of  separation  is  shown  in  Fig.  3.  Although  the 
resolution  of  surface  patterns  visualized  in  water  is  rather  poor  it  is 
established  that  the  skin-friction  lines  exhibit  structural  features  with 
saddle-node  combinations  as  in  fully  turbulent  flows,  i.e.  if  transition 
takes  place  upstream  of  separation. 

This  result  is  also  important  for  laboratory  tests  because  it  means  that 
structures,  developing  in  the  turbulent  case,  may  possibly  be  studied  in 
small  facilities  and  in  water,  favourable  for  visualization  techniques. 

3.2  Incompressible  Transitional  Flow 

In  these  experiments  the  transitional  flow  range  is  meant  to  be  the  range  in 
which  transition  takes  place  immediately  after  separation.  In  this  case  a 
bubble  type  of  separation  occurs,  which  has  essentially  the  features  of 
two-dimensional  bubbles  with  apparently  undefinable  three-dimensional  quan¬ 
titative  features  (Fig .  41  .  It  may  be  similar  to  the  three-dimensional 
"standing  eddy"  defined  by  Maskell  [14]. 

As  it  is  shown  in  Fig.  4a  such  bubbles  originate  on  the  nose  and  in  a  slightly 
modified  form  on  tlie  flanks  as  well.  In  the  oil  flow  patterns  this  bubble 
type  of  separation  manifests  itself  in  the  sense  that  the  skin-friction  lines 
retain  their  direction  across  the  bubble.  This  is  in  contradiction  to  the 
general  understanding  of  three-dimensional  separation  lines  along  which 
skin-friction  lines  run  closely  together. 

If  transition  to  turbulence  takes  place  before  separation  this  bubble  type  of 
separation  disappears  on  the  flanks  (Fig.  4b)  as  well  as  on  the  nose 
(Fig.  5a) ,  whereas  the  ordinary  three-dimensional  separation  seems  hardly 
af f  ected . 


3.3  Incompressible  Turbulent  Flow 


As  mentioned  in  Sect.  2  for  studying  turbulent  separation  the  turbulence  lev¬ 
el  in  the  oncoming  flow  must  be  increased  by  a  screen  or  by  tripping  device 
has  to  be  applied.  In  the  first  case  only  the  open  separation  as  defined  by 
Wang  [7]  is  observed  (Fig.  5a)  whereas  in  the  second  case  "owl -face"  type 
patterns  originate  (Fig.  5b) ■  These  patterns  are  structurally  the  same  as 
those  found  on  the  rectangular  wing  (Fig.  6) .  although  the  two  models  are  of 
quite  different  geometry. 


3.4  Compressible  Transitional  Flow 

In  the  high-speed  wind  tunnel  used  ior  our  tests  in  compressible  range  Rey¬ 
nolds  numbers  are  such  that  on  the  nose  transitional  separation  occurs. 
Hence,  separation  bubbles  arise  in  the  high  speed  wind  tunnel  tests  at  Mach 
numbers  of  0.6  (Fig.  7a) .  Single  turbulent  streaks  shift  the  separation  line 
downstream  and  produce  typical  three-dimensional  patterns. 

At  higher  Mach  numbers  separation  is  shock  induced.  In  this  case  again  sepa¬ 
ration  patterns  of  the  owl-face  type  develop  as  in  incompressible  turbulent 
flow  (Fig.  7b) ,  but  with  different  topological  structure  (see  also  Sect.  4). 


3.5  Compressible  Turbulent  Flow 

If  transition  is  forced  by  a  tripping  device  upstream  of  the  shock,  sepa¬ 
ration  originates  further  downstream.  The  separation  pattern  again  is  of  an 
owl-face  type.  Fig.  8  reveals  that  there  exist  at  least  two  topologically 
different  forms.  Within  a  certain  range  of  the  flow  parameters  both  forms 
seem  to  be  structurally  stable  in  the  sens  of  Dallmann  [9]. 
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4.  DISCUSSION  OF  THE  TOPOLOGICAL  STRUCTURES  IDENTIFIED  IN  THE 
TESTS 

Among  the  manifold  of  separation  patterns  visualized  in  our  tests  by  system¬ 
atically  varying  the  flow  parameters  certain  families  can  be  distinguished. 
The  different  forms  within  such  families  develop  from  a  basic  structure  by 
successive  splitting  of  saddles  and  nodes  into  saddle-node-saddle  and 
node-saddle-node  combinations,  respectively.  This  is  illustrated  by  the 
example  given  in  Fig.  9  and  by  the  pertinent  schematics  in  Fig .  10.  It  should 
be  remarked,  however,  that  in  Fig.  9c  in  addition  an  open  separation  of 
Wang's  type  develops. 

In  our  tests  on  the  hemisphere  cylinder  three  basic  structures  are  estab¬ 
lished  ( F igs .  1 1  and  12).  Wang's  open  type  of  separation  (Fig.  5a)  is  seen  as 
an  isolatf^d  case  with  separation  lines  not  originating  in  a  saddle  point. 

It  should  be  noted  that  the  basic  structures  in  Fig.  11  and  12  are  defined 
here  as  the  most  simple  structures  of  one  of  the  families  visualized  in  our 
tests  on  the  hemispher*'  cylinder.  A  definition  of  general  validity,  however, 
must  be  derived  from  an  analysis  as  given  e.g.  by  Dallmann  [4],  [9].  Dallmann 
introduced  the  notation  "elementary  structures"  and  indeed  it  can  be  shown 
tlnit  all  the  skin-friction  patterns  visualized  in  our  experiments  are  com¬ 
posed  of  nallmann's  elementary  structures. 


5.  THE  SPATIAL  .SEPARATED  FLOW  FIELD 

In  (itder  to  obtain  information  about  the  spatial  topological  structure  of  the 
three-dim(;ns  ional  separated  flow  on  the  hemispiiere  cylinder  we  resorted  to 
low  Reynolds  number  water  tunnel  flows  in  which  transition  takes  place  only 
sufficiently  downstream  of  separation.  Fig .  13  displays  the  flow  in  a  side 
view.  The  related  sk  in- f r i ct ion  pattern  is  of  an  owl-face  type.  In  this  pho¬ 
tograph  stream  siirfac.es  close  to  the  free  sheets  of  dividing  stream  surface 
bifurcations  (see  Hornung  and  Perry  [3])  become  visible  because  the  dye  ema¬ 
nates  from  the  surface  only  along  the  separation  lines  or  from  points  of 
separation.  It  appears  that  the  vorticity  concentrates  around  different 
axes.  Two  of  them  originate  in  the  spiral  nodes,  two  others  from  some 


locaLion  in  the  separated  region  from  where  they  extend  downstream 
(Fig.  14a).  The  free  sheet  of  dividing  stream  surface  bifurcation,  a  layer  of 
high  shear,  becomes  unstable  with  respect  to  a  rolling-up  process  with  axis 
essentially  in  the  crosswise  direction  (F ig.  14b')  .  Due  to  the  interference 
with  the  outer  flow  an  unsteady  motion  is  caused.  It  is  suggested  that  the 
resulting  structure  may  look  like  that  sketched  in  Fig.  14c.  -  While  compar¬ 
ing  Fig.  13  and  Fig.  14c  it  must  be  taken  into  account  that  with  our  wet 
surface  coating  method  a  streak  line  pattern  and  not  an  instantaneous  flow 
pattern  is  visualized. 


6.  QUANTITATIVE  STUDY  OF  THE  SEPARATED  FLOW  ON  A  RECTANGULAR 
WING 


For  th('  tpiarit  itat i V(i  study  of  the  spatial  structure  of  a  three-dimensional 
separated  flow  field  a  rectangular  wing  was  chosen.  Fig.  15  shows  the  sec¬ 
tional  streuam  lines  calculated  from  time  averaged  velocity  field  measure¬ 
ments.  In  a  stream  surface  parallel  to  the  suction  side  of  the  wing  the 
structure  of  the  sectional  stream  lines  (Fig.  15a)  is  similar  to  the  related 
surface  pattern  in  Fig.  6.  The  cross-section,  Fie.  15b.  exhibits  vortex 
structures  with  axes  coming  out  of  the  plane.  In  the  plane  of  symmetry, 
F i  y  .  1  ~i c .  vortex  structures  with  axes  into  the  spanwise  direction  are  formed. 
Conip'ir isori  of  Fig.  14  and  15  leads  to  the  suggestion  that  the  topological 
siructiire  of  th<’  :-.ey;arat(!d  flow  on  the  wing  between  the  trailing  edge  vortic¬ 
es  is  similar  to  that  visiialize.d  on  the  hemisphere  cylinder  in  the  low 
Kcytiolds  iiumlxu"  flow.  Tiie  vortex  structures  in  Fig.  14a  and  Fig.  15a  and  b  as 
well  a.',  in  Fig.  14t)  and  15c.  corresyjond  to  one  another. 

lustc.jdy  pt'p.Tsiiic  t:ip  isuri-M'(  Ills  in  Li.e  plane  of  symmetry  of  the  separated 
indicate  an  uiu  :  ■cidy  motion  which  m.iy  be,  superimposed  on  the  vortical 
f'ow  in  c  t  eii  ;  u  Sci  I  .  >.  It  has  a  disl  inct  yairiodicity  (Fig.  16),  with  a 

S I  oiiiia  :  tiui’it'-r,  bused  on  t  tie  tniciriess  oi  the  separated  1  1  ow ,  of  about  0.35. 
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.  S  o  Ai.Vl Aii Y 


i.itarive  s^ucy  oi  tne  time  averagea  SKir.-^  rict^on  patterns  in  cne  sep- 
flow  or.  a  harr. it.pncra  cylinder  reveals  a  cornpl-cared  but  regular  struc- 


.r^ter.^tic  \‘c. 


ition  oi  re.atea  r^ow 


btlCr*  ei  i. 


ciTic  ■^ur:>u^cnw ^  a  mar.irola  or  separation 


lS  proGucec 


no:ae  rnree  basic  types  are  to  be  distinguished  from  which  even  the  most  corr.- 
l;cat>=a  structure  found  in  the  tests  can  be  derived  simply  by  splitting 
addles  and  nodes  in  saddle-node-saddle  and  node-saddle-node  combinations, 
espectively.  The  open  separation  as  aefinea  by  Wang  [7]  is  seen  as  a  further 
a.-,-,  c  structure,  whicn  in  many  cases  may  be  superimposed  on  the  others. 

or  one  typical  surface  pattern  the  adjoining  spatial  flow  field  is  also  vis- 
c'.izkO.  Corr.par ison  wutr.  the  results  of  the  fiow'  field  measurements  on  a  rec- 
a..g-lar  w*ng  at  ..nciaence  indicates  that  similar  vortical  structures 
eie'.op.  In  botn  casc;s  unsteaoy  periodic  motions  are  superimposed.  Thus  the 
otn  expur^.ments  revea^  tne  physica^  nature  and  the  topological  structure  of 
■■■.eparatec  fiov  iie*a  ^n  three  dimensions  which  seems  to  be  of  general  mean- 
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Fig.  16:  Frequency  spectrum  from  pressure  measurements  in  the  three- 
dimensional  separated  flow  on  a  rectangular  wing, 
a  =  21  .5° ,  Re  =  2.  1  X  10*^ 
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Fig.  13:  Separated  flow  on  the  hemisphere  cylinder  in  stable  laminar 
flow  (water  tunnel  test),  a  =  28°,  Re  =  5  x  10^ 

,i)  At  the  beginning  of  the  test,  SV  =  steady  vortex  motion 

1))  After  part  of  the  dye  is  carried  away  from  the  surface, 
UV  =  unsteady  vortex  motion 


)  Most  of  the  dye  is  carried  away,  V  =  axis  of  the  resul¬ 
tant  vortex  moti<;n  214 


SrluMiia  t  i  (.' s  of  t  ho  basii’  structures  in  F  i  .  t)  (the  open 
separation  in  Fi^.  12b  and  c  is  nut  transferred  to  the 


schemat ics) 


Fig.  It:  Basic  structures  identified  on  the  hemisphere  cylinder 

a)  a  =  10°,  Ma  =  0,8,  Re  =  2. 1  x  10®  (transitional  flow) 

b)  (i  =  13°,  Ma  =  0.7,  Re  =  1.9  x  10®  (with  tripped  boundary  layer) 

(  )  n  =  33.3°,  Ma  =  O.b,  Re  =  1.7  x  10®  (with  tripped  boundary  layer) 
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Fig.  9:  Expansion  from  a  basic  structure  by  successive  splitting  of 
saddles  in  sadd 1 e-node-sadd 1 e  combinations. 

Ma  =  0.8,  Re  =  2.1  X  10^' 

a)  basic  structure,  i  =  10'’ 

b)  Splitting  of  the  downstream  saddle  point,  u  =  20° 

c)  splitting  of  the  front  saddle  point,  n  =  ’i'l.S" 


l-’ig.  7: 


Separation  patterns  in  compressible  transitional  fl 

a)  with  bubble  type  of  separation,  a  =  33.5°,Ma  =  0 
Re  =  1.9  X  10® 

b)  with  separation  induced  by  shock. 
a  =  33.5°,  Ma  =  0.7,  Re  =  1.9  x  10 
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Fig.  5;  Separation  patterns  in  incompressible  transitional  flow  if 
turbulence  is  forced 

a)  by  increased  turbulence  level 

b)  by  boundary  layer  tripping 
a  =  30°,  Re  =  6  X  10^ 


i 


I 

y 


Fig.  6:  Separation  pattern  on  the  suction  side  of  a  rectangular  wing 
(top  view),  a  =  21.3°,  Re  =  2.1  x  10® 


Fig.  3:  Separation  pattern  on  the  leeside  surface  of  the  hemisphere 
cylinder  (top  view)  in  stable  laminar  water  tunnel  flow, 
a  =  28°,  Re  =  5  X  103 . 

S  =  saddle  point,  N  =  spiral  node,  SL  =  separation  line 


B 


S2> 


-Si 


Fig.  4:  Separation  patterns  in  the  case  of  natural  transition  in  the 
low  speed  wind  tunnel 

oblique  view  B  =  separation  bubble 
r — 1 — -j  ^1/2~  separation  lines 

windward  side  S  =  separation  babble 


S  =  separation  babble 

I  =  cross  flow  instabilities 

a)  a  =  25°,  Re  =  3  x  10%  Ma  =  0.09 

b)  a  =  25°,  Re  =  6  X  10%  Ma  =  0.09 
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AXISYMMETRIC  RLUFE-BODY  DRAG  REDUCTION  THROUGH  GEOMETRICAL  MODIFICATIONS 

F.  G.  Howard,  and  W.  L,  Goodman 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665 

ABSTRACT 

The  effect  of  shoulder  radiusing  and  grooving  (longitudinally  or 
circumferentially)  the  afterbodies  of  bluff  bodies  to  reduce  the  base  drag  at 
low  speeds  is  discussed.  Shoulder  radii  as  large  as  2.75  body  diameters  are 
examined.  Reynolds  number  (Ren)  based  on  body  diameter  varied  from  20,000  to 
200,000.  Results  indicate  that  increasing  the  shoulder  radius  to  2.75  body 
diameters  can  reduce  the  drag  levels  to  those  of  a  streamline  body  having  67 
percent  greater  fineness  ratio.  For  the  relatively  sharp  shoulder  case,  body 
drag  reductions  as  large  as  50%  are  obtained  using  circumferential  or 
longitudinal  grooves. 

INTRODUCTION 

For  performance  and  energy  conservation,  it  is  desirable  to  reduce  the 
base  drag  of  bluff  bodies  such  as  bombs,  bullets,  automobiles,  trucks,  buses, 
pi anetary-entry  shapes  and  the  upswept  fuselage  of  some  military  cargo 
aircraft.  In  recent  years,  as  a  result  of  dwindling  petroleum  resources, 
increased  enphasis  has  been  focused  upon  drag  reduction  research  for  all  forms 
of  transportation.  The  drag  on  the  aforementioned  bodies  is  dominated  by  base 
or  afterbody  flow-separation  effects  (i.e. ,  form  or  pressure  drag).  Estimates 
indicate  that  a  4(1  percent  reduction  in  automobile  aerodynamic  drag  would 
result  in  an  increase  in  fuel  economy  the  order  of  16  percent.  By  definition, 
bluff  bodies  have  low  fineness  ratio  (order  of  3  or  less).  It  is  possible,  by 
moving  the  maximum  body  thickness  far  forward  and  using  a  gradual  afterbody 
closure,  to  eliminate  most  flow  separation  and  thereby  obtain  low  drag 
coefficients  even  for  siich  low  fineness  ratios.  However,  this  approach 
typically  does  not  provide  sufficient  volume  for  oassengers,  cargo,  and  motive 
flower  when  the  length  is  restricted.  Therefore,  ground  transportation  bodies 
are  tyfiically  truncated  rather  sharply  resulting  in  large  form  drag. 

Two  non-passive  (powered)  techniques  that  have  been  successful  in 
reducing  flow  separation  in  axisymmetric  or  fully  three-dimensional  cases  are 
bl')wing  (mass  addition)  and  suction  (mass  removal )  ."^"^  Recently,  Howard  et  al 
investigated  the  ef fecti veness  of  afterbody  modifications  on  base 
s  'ici  r  it  i  on.  ' '  the  i  led  i  f  i  cat  i  ens ,  reported  herein,  included  (1)  shoulder 
radi  using  {'/)  c  i  rcumf  urent  i  al  r.-^tangular  grooves  in  the  shoulder  region,  and 
(3)  f^uir  1  oruji  t  ul i  na  1  V-grooves  cut  though  the  shoulder. 

olSruSGlON 
u ! t u u j_d er  R adi  usi  ng 

"ho  "li  muiui  n- ,  ruu  conf  i  (jurat  :  on  for  a  ‘'lt,ri  body  is  a  shape  such  that  the 

u  I  1  c/  ia/er  remaiui  aft  ic' ' :  cn  he  entire  surface  of  the  afterbody.  Such 

a  '  onf  i  .,u  ra  t  i  on  is  toe  “sf  ream  i  .  n^  '  ooly  shown  in  Figure  1(a).  This  body 

itili/fj-,  a  gradual  i  tori.-niy  (/•  ,  :  and  a  radius  of  R  /D  =  l.fl  at  the 

stoulder  r,,  ipiniuij/i'  ■  -•  ,..r-  ,u:  i  irMient  effects  that  would  separate  the 

bi'undary  la'/“r  on  :  I  er- t  i  ner.i'ss  -  r-i  r.  i  o  tiodies. 

in  soiiip  fn-ac ,  '  c  .  aur^'.  r]radual  afterbody  closure  (such  as  that 


for  the  sfro.iinMne  hofly  of  the  present  study)  resiilts  in  excessive  vehicle 
length;  therefore  a  more  rapid  closure  of  the  body  is  required  (Figure 
1(b)).  To  first  order  the  parameter  which  governs  flow  separation  is  the 
history  and  magnitude  of  the  longitudinal  adverse  pressure  gradient 
(dp/dx)  for  a  given  set  of  flow  conditions.  If  the  shoulder  radius  (R^/D)  of 
a  highly  truncatc'd  aft'^rhody  is  zero,  the  pressure  or.idient  would 
theoretically  bf  nearly  infinite.  One  obvious  way  "o  reduce  the  pressure 
gradient  and^^thus  to  retard  the  separation  is  a  w>li-Known  approach,  shout  ier 
radiiising.  '  ■  As  the  shoulder  radius  is  made  largir,  the  pressure  gradieru, 
becomes  less  severe  and  the  flow  remains  attached  ^u-ther  around  the  shoulaer 
region.  This,  of  course,  reduces  the  base  drag  and  thus  the  total  drag  (see 
Figure  2  where  the  bluff  afterbody  shoulder  radius  (H^/D)  varied  from  0.0  to 
?.75).  The  figure  also  shows  that  for  a  given  radius  the  flow  remains 
attached  over  a  greater  distance  as  Reynolds  number  (Re^)  increases.  For 
comparison  the  drag  on  the  streamline  body  (fii.eness  ratio  =  5.0)  is  also 
shown  in  Fi gure  2 . 

Flow  visualization  indicates  that  the  boundary  layer  on  the  afterbody 
with  R  /D  =  0.0  separates  immediately  at  the  shoulder  and  does  not  reattach  on 
the  afterbody.  For  R^/D  >  2.5,  the  base  drag  appears  to  approach  a  limiting 
value  and  at  the  higtier  Re^  the  afterbody  with  R  /O  =  2.75  (and  large  closure 
angle  of  30”)  has  approximately  the  same  Cq  level  as  the  streamline  body. 

This  favorable  influence  of  afterbody  shoulder  radiusing  was  expected  sincf? 
previously-documented  research  had  indicated  that  shoulder  radiusing  was  an 
f'ffective  method  for  reducing  base  drag  of  axisymmetric  bluff  bodies."""  The 
effects  of  shoulder  radiusing  shown  in  Figure  2  are  directly  related  to  the 
mitigation  of  body  adverse  pressure  gradients.  The  pressure  gradient  at  the 
shoulder  is  inversely  proportional  to  shoulder  radius;  as  the  shoulder  radius 
is  increased,  the  pressure  gradient  that  drives  the  boundary  layer  towards 
separation  is  reduced. 

Circumferential  Grooves 

The  concept  of  using  transverse  surface  grooves  for  delaying  separation 
in  diffusers  evidently  orginated  in  the  Soviet  Union. References  12-13 
also  indicate  that  grooves  are  effective  in  controlling  separation. 

In  the  present  paper,  the  number  of  open  grooves  on  the  ci rcumf erentai 1 ly 
grooved  afterbodies  (see  for  example  Figure  1  (c))  were  varied  by  filling 
selected  grooves  with  dental  plaster.  The  influence  of  circumferential 
i|rf)ovPS  on  the  drag  of  a  R^/F)  =  0.0  afterbody  is  shown  in  figure  3.  The  data 
indicated  that  grooves  located  at  or  downstream  of  the  shoulder  (i.e. ,  grooves 
5-12)  had  no  drag- reduct i on  effect  on  the  afterbody  base  drag:  however,  as  the 
grooves  ahead  of  the  shoulder  are  opened,  a  reduction  in  drag  occurs  at  lower 
l-’ep).  The  beneficial  effect  of  the  upstream  grooves  reaches  an  asymptonic 
level  around  fh('  first  or  second  groove.  Figures  4^5  present  the  drag  data 
for  f.i  rcumf  erenl  i  al  ly-grnoved  afterbodies  having  a  shoulder  radius  of  Rj./n  =- 
11.5.  The  downsrrea’n  side  of  the  first  groove  coincided  with  the  upstream 
tani;enr;v  poinf  of  the  shoulder  radius.  Also  groove  13  roughly  corresponds  to 
the  second  fangency  , joint  of  the  shoulder  radius.  Figure  4  shows  the 
rt'diirfinns  in  drag  obtained  by  opening  successive  grooves  downstream  of  the 
firsf  ‘an(;enr,y  point.  As  the  second  tangency  point  is  approached,  the  drag 
aporoai  hi",  an  asyipfofic  limit  for  a  given  Rer,.  It  should  he  noted  that  the 
first-  fhria'  grooves  actually  increase  the  drag  over  certain  Re^  ranges.  Thu 
bi-neficial  effect  of  t  hf>  grooves  on  separation  is  not  sufficient  to  overcome 
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the  dray  penalty  of  the  yrooves. 

Figure  5  examines  the  influence  of  the  grooves  near  the  first  tangency 
point  when  the  downstream  grooves  are  opened.  The  data  for  grooves  7-13 
indicate  that  drag  reductions  can  be  obtained  with  the  first  open  groove 
located  downstream  of  the  first  tangency  point.  As  the  first  open  groove 
approaches  the  first  tangency  point,  drag  reduction  is  obtained  at  lower 
values  of  Rep.  As  Rep  is  increased  the  boundary  layer  becomes  thinner  and 
remains  attached  furtner  around  the  shoulder  before  separating.  It  is  near 
this  separation  point  where  the  yrooves  should  evidently  be  placed. 

F 1 ow- vi sual i zaton  photographs  for  the  grooved  and  ungrooved  afterbodies 
with  R^/n  of  O.b  are  shown  in  Figure  6  for  Rep  -  50  x  10^.  The  ungrooved 

afterbody  configuration  in  Figure  6(a)  indicates  no  turning  of  the 
streamlines,  boundary- I ayer  separation  just  downstream  of  the  first  tangency 
point,  and  no  flow  reattar.hment  on  the  afterbody.  This  large  region  of 
afterbody  separation  corresponds  to  the  high  dray  levels  shown  in  Figure  4  and 
5  for  the  ungrooved  afterbody  with  R  /D  =i).5.  Figure  6(b)  shows  that  grooves 
placed  between  the  tangency  points  of  the  shoulder  radius  turn  the 
streamlines,  move  the  separation  point  downstreain,  and  greatly  decrease  the 
regions  of  afterbody  base  separation. 

Although  all  flow  vi  sual  i  zatiori  results  are  not  shown  here,  indications 
are  that  the  dominant  effect  of  the  circumferential  yrooves  is  to  trade  the 
large  region  of  separated  flow  over  the  ungrooved  afterbody  for  smaller 
regions  of  separated  flow  that  occur  in  the  individual  grooves  e.g.  by 
replacing  the  usual  "no  si  if)"  boundary  condition  by  a  series  of  stable 
(imbedded)  shear  layers.  For  each  cavity  the  flow  reattaches  on  the  fin 
separating  the  two  ()rooves.  Before  the  boundary  layer  is  able  to  thicken, 
separate,  and  form  a  large  base  separation  region,  the  second  groove  or  cavity 
is  encountered. 


Longitudinal  V-Grooves 

Examples  ot  drag  reduction  which  can  be  achfMved  by  use  of  four 
longitudinal  V  vjrooves  cut  through  the  bluff  afterbody  shoulder  region 
(see  Figure  1(d))  are  shown  for  Rc^/H  O.D  and  R^/D  =  0.5  in  Figure  7,  where  a 
coiripa ri son  is  made  witti  previously  discussed  transverse  (circumferential) 
grooves . 

The  mf'Chanism  wi'ich  is  believed  to  cause  ^.his  reduction  is  illustrated  by 
comparing  cross  sectional  smoke  patterns  for  a  longitudinal  station  near  the 
apex  of  the  conical  base  (see  Figs,  8(a)  and  (hi).  These  flow  visual ization 
data  indicated  that  the  smoke  lines  continue  to  be  bowed  outward  as  they  pass 
the  apex  of  the  smooth  (unyrooved)  afterbcjdy.  However,  a  very  noticeable 
difference  occurs  when  grooves  are  employed.  Figure  H(b)  shows  that  the  smoke 
lines  are  drawn  inward  i  ri  the  region  of  the  grooves  suggesting  that  the  flow 
remains  afta'he(i  in  the  ffronves.  Furthermore,  the  residual  separated  flow 
regions  on  the  grooved  mode!  (Fig.  8(t'l)  are  of  coris  iderabl  e  smaller  extent 
Lhrio  the  Corresponding  pie-shaped  sections  on  the  '.n.ii.th  model  (Fig.  8(a)). 
ihese  V ;  s  no  I  I /a  1  i  on  (osulis  •,uog‘>st  the  ffllowine  fine  reduction  mechanism: 

tbo  ii.iffiims  nf  the  gri  oves  ^wbi^d  tiegin  ups’oMm  it  the  '‘.hnulder)  ha  o'  a  rrich 

soalif-r  offorboily  'losoce  anglf'  (10.4°)  rh,  -i  fhi-  halime  of  the  ufterirndy 
(TO'M;  tile  flow  in  li--  .roo/es  I'herefore  remains  atta'ioid  and  firobably 
grovi'tes  an  e  j  er;  f  or- I  i  pun  ■  ;  g  -I'tinn  for  the  rem.i  :  a  i  eq ,  fully  three- 

di  leesi'irmi,  sepamit  ;  flow  'f  the  )  1 1 . -rhod'/ . 

df)  'o  this  j.ni’T  ,1 1  1  !  .  'I  d ''-ond’es  ',i-ojs',pd  nad  ,•  closure  angle  (  a  ) 
')f  ’I',  e  iw -ver,  do'  .  oq  th.-  idv  ’  ot  1  ori.j  I  •  .jdi  r,a  1  V-qroovPS,  additional 


closure  umiles  of  4S,  fiO,  anil  ‘fO  degrees  were  investigated  with  varying 

from  D.ll  to  l.S.  The  7- grooves  generally  reduced  drag  for  all  coi:ibi  nat  i  ons  of 
closure  fingles  and  shoulder  radius  when  the  closure  angle  of  the  groove 
(,i)  was  l'>.4“.  AlS'  ,  drag  was  decreased  slightly  for  R<./n  =  0,0  as  u  v/as 
increased  from  ifo’  to  for  both  the  grooved  and  the  ungrooved  case.  This 
effecf  diminishc'd  as  R^/i'  increased  from  0.0  to  l.b.  For  the  ungrooved  casrg 
this  IS  in  agreement  with  the  well  known  Kammbar.k  principle  (i.e.  only  a 
slight  effect  of  a  on  drag,  once  separation  iias  occ.ired).  The  slight 
gecrease  in  drac  with  increase  in  :i  on  the  groovi' ;  .  tterbodies  is  pr./.o.,  >  y 
partially  due  o  the  decrease  in  the  remaining  (unyrooved  portion)  axially 
[irojers. ed  base  surface  area. 

rONCLIiniNG  REMARKS 

Tne  t't  t  (H.t  i  vnness  of  shoulder  radiusing  and  grooving  (circumferentially 
■If  I  iirig  j  f  od  1  na  1  I  y )  tiie  bluff  afterbody  to  reduce  base  drag  was  determined  for 
I  ranije  of  Reynulds  nui'ibers  based  on  body  diameter  (Re|^)  between  ?n,i)IJU  and 

For  R(ij  j  10(1,(11)0  shoulder  radiusing  (R^)  relative  to  body  diameter 
lOi  nf  P^/!i  =  ?./h  was  found  to  reduce  the  body  drag  to  levels  equivalent  to  a 
sf  riuirn!  1  no  !iody  havin(|  n/  percent  greater  fineness  ratio.  Ci  rcuinf  erent  i  a  I 
gr  iovns  wer,'  found  fn  provide  up  to  SO  percent  drag  reduction.  The  data 
ing)i  atp  thai  r,-,  pp  etteclive  the  grooves  must  be  located  in  the  region  of 
I'lrip'  longitudinal  pressure  gradient.  The  mechanism  of  the  circumferential 
grooves  appear  to  he  one  of  simply  substituting  several  small  regions  of 
separation  i'w)ncr  p-'-ivide  a  wall  slip  boundary  condition)  for  a  larger 
separated  flow  region. 

drag  reductions  the  order  of  33  percent  were  measured  for  configurations 
havinij  bluff  afterbodies  with  fou^  lonqidudinal  V  grooves.  The  mechanism 
apparenfly  is  associated  with  a)  attached  flow  in  the  grooves,  and  h)  the 
ejoctor  (pumping)  action  of  the  attached  groove  flow  on  the  residual  (highly 
t  h  rec-ft  i  mens  i  ona  M  sr-o.irated  flow  regions. 

A  trif  wire  was  placed  on  the  nose  of  the  forebofly.  Although  not  shown 
fhp  results  indicate  that  wheather  the  flow  is  laminar  or  turbulent,  grooves 
(circumferential  or  longitudinan  are  benificial  if  flow  is  detached  over  a 
sufficient  area  of  the  ungrooved  afterbody.  That  is,  the  grooves  can  retard 
both  laminar  and  turbulent  separation. 
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.-  Exo'.ples  of  Test  Configurations. 


r  I  j  j  re  1 


R^/D  =  0.0 


08 L  STREAMLINED  BODY- 

’I  R/D=1.0 

!  s 


lOOE  +  03 
Re^ 


200E  +  03 


Figure  2.-  Effect  of  afterbody  shoulder  radius  on  drag  coefficient. 
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Figure  3.-  Influence  of  initial  ci rcmferential  groove 
location  on  drag  coefficient  for  R./D  =  0.0. 
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Figure  4.-  Influence  of  number  of  circumferential 
groove  on  drag  coefficient  for  R^/D  =  0.5 
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Figure  5.-  Infliience  of  initial  circumferential 
groove  location  on  drag  coefficient  for  R./D  =  0.5. 


(a)  Without  grooves. 


(b)  With  circumferential  grooves 


Figure  6.- 


Flow  Visual i zation. 
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O  4  LONGITUDINAL  V-GROOVES 
•  MODEL  7  (TRANSVERSE  RECTANGULAR 
GROOVES  1  -  12  OPEN) 
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(a)  R^/0  =  0.0 


O  4  LONGITUDINAL  V-GROOVES 
A  MODEL  2  (TRANSVERSE  GROOVES  I  - 10  OPEN) 
■  MODEL  2  (TRANSVERSE  GROOVES  8  -  13  OPEN) 
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(b)  R^/D  =  0.5 


200E  +  03 


Figure  7.-  Longitudinal  V-grooves  compared  to 
circumferential  (transverse)  rectangular  grooves. 


(a)  Without  grooves. 
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(b)  With  longitudinal  V-grooves. 

Figure  8.-  Examble  of  visualization  data  in  a  lateral 
plane  near  the  base  apex. 
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The  [^resent  results  were  obtained  in  a  continuation  of  exten¬ 
sive  investigations  on  bodies  with  noncircular  cross  sections 
which  have  already  been  discussed  within  these  data  exchange 
meetings.  Such  bodies  became  important  for  various  payload  trans¬ 
port  missions  of  missiles  rather  than  for  their  smaller  radar 
signature.  The  objective  of  these  studies  is  to  get  a  better  in¬ 
sight  into  the  comiplex  flow  phenomena  and  to  provide  a  useful 
data  base  for  theoretical  efforts  in  this  area.  The  tests  were 
conducted  in  the  Mach  number  range  Moo  =  0.5  to  Moo  =  2.0,  the 
angle  of  attack  was  varied  between  a  =  0°  and  a  =  30°  and  the 
ancile  of  roll  between  *45  =  0°  and  ^  =  45°.  The  moan  Reynolds 
number  (based  on  calibre  D)  was  0,5  x  10*^.  The  models,  Fig.  1, 

.ind  the  test,  set-up  were  described  in  detail  in  Ref.  1.  For  the 
pressure  rueasurenients  only  the  model  series  with  the  square 
section  as  basic  sha[ie  was  used.  By  corner  rounding,  it  is 
pos:;ilj]e  to  tiet  a  slmpele  transition  to  the  circular  cylinder  and 
herce  a  connection  to  tlie  very  uetailed  exper iiaen ta  1  results  for 
ihis  body.  Because  of  its  si/e,  the  model  could  only  be  ecjuipped 
v-itl'.  pressure  tayis  in  two  sections.  The  selection  of  tlit^se  sec- 
t  lens  (5  and  0  calibres  ‘rom  the  nose  apex)  was  based  on  oil 
flow  pictures  (see  Ref.  1),  c>btained  for  the  sharp  edged  body, 
'i'ru'sc  oil  f  low  patterns  smow,  depending  on  model  length  and  in- 
cie''nc(.’,  t,wo  sign  it  icMnI  .'jeas  along  the  body  for  which  one  has 
t<i  evp>'C’t  ciiffc^rent  t  low'  fields.  A  ciotaiitxi  i  Piterprctat  ion  of 
')il  flow  fjattc'rn;,  on  bce-'-iygje  bodies  is  mven  in  Ref.  2  and  3. 
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The  following  results  only  represent  a  limited  selection,  which 
IS  expected  to  show  !.he  essential  change  in  the  flow  fields  at 
tile  bodies  if,  as  already  mentioned,  the  cross  sections  are  modi¬ 
fied  from  a  square  to  a  circle  by  rounding  the  corners  and, 
furthc^rmore ,  the  development  of  vortex  systemis,  due  to  flow  sepa¬ 
ration,  with  increasing  angle  of  incidence  and  roll  at  subsonic 
anti  supersonic  speeds. 

F'efore  ciiscussing  the  pressure  distributions  it  seems  necessary 
; o  provide  an  impression  of  the  flow  separation  and  the  develop- 
rnenl  of  the  vortex  systems  by  simplified  topological  represen¬ 
tations  in  the  cross  flow  plane  for  the  various  bodies. 

i'iti.  2  shows  the  flow  field  and  the  pressure  distribution  for 
section  1  of  the  square  body  at  a  Mach  number  of  0.5  and  an 
incidence  of  20°.  Primary  separations  occur  at  the  bottom  edges 
like  on  a  sharp-edged  flat  plate.  The  flow  reattaches  at  the 
sides  of  the  body  in  half-saddle  points.  In  the  space  between  the 
points  of  separation  end  reattachment  a  first  pair  of  strong 
vortices  can  develope.  The  flow  component  directed  leeward  from 

r,  he  point  of  reattachment  separates  at  the  top  edges  and  rolls 
up  to  a  suction  side  vortex  pair.  The  intensity  of  vortices  on 

t  he.'  suction  side  is  weaker  because  the  main  part  of  the  vo  uicity 
is  fed  into  the  side  vortices.  The  streamwise  points  of  reattach¬ 
ment,  or  half  saddles,  lie  on  lines  of  reattachment  originating 
from  the  windward  edges  and  terminating  at  the  leeward  edges  on 
I  lie  Sides  of  the  body.  The  inclination  of  these  lines  with  re- 
;;;)t'ct  to  the'  body  axis  dejjends  on  the  anetle  of  attack.  Where  the 
re'U  t  tachiiK’n  t  line  I'eaclics  the.'  upjier  edcies  o  1*  the  body,  the  vortex 
pair  on  Llif  su'''Lion  side  will  be  strengthened  by  tlie  feeding 
sheet,  while'  tile  intensity  of  the  vortex  pair  em  the  sides  be- 
coni.'s  smaller.  bev:tie,)n  2  is  representat i.v  for  this  part  of  the 
boeiy.  i’lu'  flow  f  i  e  1  el  in  this  section  is  shown  in  Fic].  3.  One 

s. hould  notice-  the  uiffe'reince  in  the  pressure  distribution  in 
comparison  tei  se.'ction  1.  The  essential  feature  of  a  liox-ty|.>e  bouy 
in  comparison  witli  a  circular  body  are  the-  two  pairs  of  vortice's 
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Cross -Flow  Topology  for  Section  2,  M 


standing  of  the  comples  flow  phenomena  on  such  bodies,  enhance 
the  data  base,  and  incite  theoretical  activities. 
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ci  is  Lr  ibut  ion  for  the  circular  cylinder  is  sLiJl  syrrjiietr  ica  1 ,  it 
beconios  asynmiet  rica  1  for  the  rounded  box  siiapes.  For  sectxon  2, 
Fiu.  ,  these;  asymrac-trica  1  distributions  lie  on  the  opposite' 
sjeies,  an  effect,  which  is  known  from  circular  cylinders  only 
at  hiijher  angles  of  attack.  In  addition,  the  Reynolds  numbers 
of  these  tests  already  are  in  the  range  of  critical  values  for 
tile  cylinder  in  cross  flow.  Flows  with  secundary  separations 
havt'  shown  to  be  extremely  sensitive  in  this  range,  see  Ref.  4. 

In  Fig.  10  to  Fiq.  14,  the  pressure  distributions  for  different 
roll  ancjles  art,'  sliown.  With  the  explantations  already  given  the 
t-osiLions  of  tile  primary  vortex  systems  may  be  found  by  the 
induced  suction  peaks..  Force  measurements  have  shown  extreme  side 
forces  at  a  roll  aiigU  of  nearly  30"  which  is  reflected  by  the 
pressure  distributions,  see  Fig.  12. 

The  results  at  supersonic  speeds  are  compared  with  those  at  sub¬ 
sonic  speeds  for  the  same  angles  of  attack  and  roll,  see  Fig.  16 
to  Fig.  20.  As  is  known,  the  strength  of  vortices  will  diminish 
with  increasing  compressibility.  High  suction  peaks  on  the  bodies, 
like  they  occur  at  subsonic  speeds  will  not  appear  at  supersonic 
speeds.  The  large  forces  in  the  bodies  are  mainly  due  to  opposite 
fields  of  compressions  and  expansions.  For  small  angles  of  in¬ 
cidence  {  <  10'  )  ,  when  cross  flow  velocities  do  not  reach  cri¬ 

tical  values,  the  pressure  distributions  for  sub-  and  supersonic 
speeds  are  lar<icly  similar.  At  higher  angles  of  attack  (at  nearly 
U)'")  when  the  cross  flow  velocities  become  supersonic,  the  flow 
field  is  bounded  by  shocks  and  becomes  more  stable  than  at  sub¬ 
sonic  speeds  and  for  symmetric  flow  conditions  no  asymmetrical 
pressure  distributions  app(?ar.  So  it  seems  that  numerical  methods, 
sc'c  Ref.  3,  in  model  line  the  flow  phenomena  for  noncircular  bo¬ 
dies,  will  be  more  successful  at  supersonic  than  at  subsonic 
ve 1 oc  j  ties . 


I'loti,  an  extensive  study  on  bodies  with  noncircular  cross  sections, 
si'lected  results  in  the  form  of  pressure  distributions  were 
pri'sented.  It  is  hoped  that  they  will  contribute  to  the  under- 
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which,  depending  on  the  angle  of  incidence  and  the  length  of  the 
body,  may  roach  equal  strength.  In  practical  aerodynamics  con¬ 
siderable  problems  may  occur  when  such  bodies  are  equipped  with 
wings  or  controls. 

When  the  edges  are  rounded  from  the  square  section  to  the  circle, 
the  flow  on  the  windward  side  will  first  try  to  follow  the  sur- 
faci-'  contour  and  the  points  of  primary  separation,  depending  on 
curvature,  will  move  leeward  on  the  vertical  sides,  while  the 
points  of  reattachment  will  move  downward  (see  Fig.  4).  Flow 
•sc'paratron  and  vortex  development  on  the  sides  of  the  body  will 
diminir.il  with  increasing  radius  of  curvature  as  indicated  in 
Flu.  5.  The  Iceside  vortices  become  dominant  until  one  finally 
rc'aches  the  limiting  case  of  the  circular  cylinder  with  its  well 
known  flow  structure  (see  Fig.  6).  It  must  be  mentioned  again 
that  only  the  main  flow  features  are  being  pointed  out,  while 
secundary  effects  have  been  omitted  in  the  representations  for  the 
sake  of  clarity. 

Force  measurements  have  indicated  that  on  sharp  edged  bodies  in 
.isymniclric  flow  the  side  forces  meiy  be  of  the  order  of  the  normal 
forces.  The  process  of  rolling  is  topologically  represented  in 
1 ig.  7.  (Secondary  vortices  have  not  been  included.)  Symmetric 
;  low  conditions  for  4^  =  0°  are  characterized  by  two  pairs  of 
orimary  vortices,  while,  when  rolling  the  body  into  the  other 
symmet.ric  position,  -  45'\  the  flow  must  go  to  one  pair  of  pri- 

niury  vortices.  At  the  intermediate  roll  angles,  one  of  the  oppo¬ 
site  vortices  weakens,  while  the  other  strengthens.  Normally, 

! die  process  of  rolling  and  the  chcuige  in  th.e  primary  vortex 
structure  is  a  very  complex  one,  as  flow  visualizations  show,  and 
the-  t.ransLtion  from  one  state  into  thc'  other,  which  is  considc- 
t  <ijj  I  ■/  Influenced  Ir/  secondary  elTeait,  Is  not  uniform  alonq  the 
hot  I  •  ■ . 


i  iu.  H  sfiov,:;  11:0  pie;:;iire  d  i ; ;  I  r  i  1  iu  t.  ions  on  the  model  series  for 
ec  t  j(!M  1  at  a  M.ich  numbei  (jf  0.  h  and  thiu'c  antjlcs  of  attack.  It 
i:,  nrjt  j  ce.iti  I  (  that  ,_i  t  an  incidence  of  10",  where  the  pressure 
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ABSTRACT 

Three-dimensional  boundary  layer  measurements  were  carried  out  on  a 
7-degree  semi-vertex  angle  conical  body  configuration  for  angles-of 
attack  of  0°,  2°,  and  4°  in  the  NSWC  Supersonic  Tunnel  Number  Two. 
Tests  were  conducted  at  a  freestream  Mach  number  of  3  for  a  nominal 
freestream  Reynolds  number  of  2.3  x  10^/ft  (7.5  x  10^/m)  on  a  cone 
with  a  nominal  22%  spherically  blunt  nose.  Measurements  of  the 
three  mean  velocity  components,  turbulence  intensities,  and  Reynold 
stresses  were  obtained  at  various  circumferential  locations  around 
the  body  for  one  axial  station  using  a  3-D  Laser  Doppler  Velocimete 
(LDV)  system.  In  addition,  surface  Preston  probe  and  static 
pressure  measurements  were  obtained  at  five  axial  stations  along 
the  body.  The  effects  of  a ng  I  e-o f-a 1 1 a c k  and  model  roll  position 
on  the  three-dimensional  mean  velocities,  boundary  layer  turbulence 
properties,  and  surface  parameters  are  discussed  herein. 


a,  T3  =>'  <=?  CQ-icri—  lozj 


NOMENCLATURE 


A 


u 


w 


^  V,  W 

u'  ,  V  '  ,  w  ' 

X,  Y,  Z 

X  ' 

a,  ALPHA 


AP 

6 


=  speed  of  sound 

=  pressure  coefficient  (Equation  1) 

=  model  base  diameter 
=  Preston  Probe  diameter 
=  Prandtl's  constant=0.4 

% 

=mixing  length 

V2 

=mixing  length 

=  exponent  of  power  law  relation 
=  Static  pressure 

=  magnitude  of  3-D  velocity  vector 
=  temperature  1, 

=  friction  velocity=(Ts/Ps)  ^ 

-  mean  velocity  components  (in  X,  Y,  Z 
direction) 

=  components  of  turbulent  velocity  fluctu¬ 
ations 

=  system  of  rectangular  physical  coor¬ 
dinates  (X  parallel  to  model  surface, 

Y  normal  to  surface,  Z  tangential  to 
surface) 

=  distance  from  model  nose  measured  along 
model  centerline 
=  model  angle  of  attack 

=  differential  pressure  between  Preston 
probe's  Pitot  and  static 
=  boundary  layer  thickness 

=  incompressible  boundary  layer  displace¬ 
ment  thickness  (Fquation  2) 

=  eddy  viscosity  =  ?. ^ 

=  eddy  viscosity=f 


U  \ 
3y’  / 

\ 
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NOMENCLATURE  (CONT'D) 


model  circumferential  angle  measured 
f  rom  wi ndwa  rd  ray 

gas  density  _ 

nondi mensi ona  I  Reynolds  stress  -pu'v'/Tg 

nondi men s i ona  I  Reynolds  stress  -pu'w'/Xg 

nond i men s i ona  I  Reynolds  stress  -pv'w'/xs 

wall  shear  stress  measured  with  Preston 
probe 


Subscripts: 

e  Boundary  layer  edge 

s  wallvalue 

°°  freestream 
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INTRODUCTION 


In  order  to  accurately  predict  the  aero/thermodynamic  performance  of 
reentry  vehicles  or  tactical  missiles  flying  at  an  angle-of-attack, 
a  thorough  knowledge  of  the  three~dnmensional  boundary  layer 
development  on  sijch  configurations  must  be  obtained.  Unfortunately, 
the  exact  computation  of  a  3-D  compressible,  turbulent  bouniiary 
layer  will  probably  not  occur  for  some  years  because  or  i:n,  itations 
on  computer  speed,  memory  storage,  and  numerical  techn-'a-es.  Ar 
additional  limitation  is  the  accuracy  of  the  turbulence  ■■.^UeLs  new 
avai lable. 

If  the  generalized  Navier-Stokes  equations  are  to  ce  u^eu  to  predict 
turbulent  flowfields  about  various  configurations,  it  becomes  necessary 
to  make  simplifying  assumptions  about  the  stress  tenser.  One  such 
simplification  is  to  time  average  these  equations  so  that  the  diffi¬ 
culty  of  describing  every  possible  discrete  turbulent  motion  can  be 
avoided. This  time  averaging  results  in  more  unknowns  than  governing 
equations.  These  extra  unknowns  are  then  represented  by  physically 
plausible  quantities  which  are  modeled  as  constants  or  empirical  func¬ 
tions.  These  modeled  quantities  are  precisely  the  required  turbulence 
models. 

The  objective  of  this  wind  tunnel  test  series  was  to  provide  a  data 
base  for  use  in  conjunction  with  computer  codes  which  will  predict 
the  flcwfield  over  a  conical  body  configuration  at  small  angles-of- 
attacK.  Data  were  obtained  to  gain  an  understanding  of  the  effects 
of  angle-of-attack  and  model  roll  position  on  the  aerodynamics  of 
the  flowfield  over  a  conical  body  configuration.  The  three-dimen¬ 
sional  mean  velocity,  turbulence  intensity,  and  Reynolds  stress 
profiles  and  the  surface  skin  friction  and  static  pressure  distri¬ 
bution  data  were  obtained  to  provide  a  comparison  with  predictions 
from  3-D  computer  codes. 


EXPERIMENTAL  APPROACH 

These  experiments  were  conducted  in  the  Naval  Surface  Weapons  Center 
(NSWC).  Supersonic  Tunnel  Number  Two  at  a  freestream  Mach  number 
of  3  for  a  supply  pressure  of  one  atmosphere  and  a  nominal  supply 
temperuture  of  560°R  (311°K).  The  model  used  for  these  tests, 
shown  in  Figure  1,  was  a  7°  half-angle  cone  with  a  22%  spherically 
blunt  r,ose.  The  model  had  a  base  diameter  of  5.94  inches  (15.08  cm) 
and  a  s  fi  a  r  p  cone  length  of  24.2  inches  (61.41cm). 

In  0  r  ;  e  r  t  ensure  a  f  u  i  I  y  t  u  r  b  u  i  e  n  t  boundary  layer  at  the  model 
m  e-  a  :  ei  r  m  e  n  r  s  t  i  t  i  o  n  s  ,  i  t  r  i ;;  ring  was  used  on  1 1  ^  e  model  n  o  s  e  t  i  p  to 

a  r  t  i  f  i  i  a  I  I  /  trip  t  hi  ■  u  o  u  n  d  a  r  y  l  <a  y  e  for  all  r  u  ri  s  in  this  test 

serif'-..  Th'-  •'ri.i  was  i  circular  stainless  steel  band  with  a  thick- 
o‘  n.P3  5  inch  ('u.o89:,n)  and  a  width  ot  G.225  inch  (0.  5  72  cm). 

T  «  -I  "  ' '  .  s  .  0.056  c  h  (  U  .  1  4  c  c  m  )  d  i  o  m  e  c  e  r  stainless  steel  s  1 1  h  e  r  e  s 

w  e  r  > '  :  ij  r  -  w  .  j ' '  .  t  e  •  n  t-  I  .  i  ru : ,  T  r  e  s  f;  h  e  r  e  s  w  e  r  e  c  '  c  u  m  f  t-  r  e  n  t  i  a  I  I  y 

Si  it  i-gles  :i  ’.5"  "  .  e.rr;  other,  but  the  two  rows  were 
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staggered  so  that  the  effective  c i r c u m f e r e n t  i  a L  spacing  of  the 
spheres  was  3.75°.  The  Leading  edge  of  the  trip  ring  was  an  axial 
distance  of  3.5  inches  (8.9cm)  from  the  model  nose  and  the  trip  was 
affixed  to  the  model  with  epoxy. 

The  model  was  instrumented  with  Preston  probes  at  five  axial 
stations  along  the  body.  The  most  rearward  station  was  approxi¬ 
mately  1.375  inches  (3.493cm),  measured  along  the  model  surface, 
from  the  model  base  and  each  subsequent  station  was  spaced  an 
additional  2.50  inches  (6.35cm)  from  the  preceding  station.  The 
stations  were  numbered  1  through  5,  starting  with  the  most  forwaro 
and  ending  with  the  most  aft  model  location,  respectively.  Only 
one  station  was  instrumented  at  a  given  time  so  that  there  would  be 
no  interference  effects  from  upstream  probes.  A  schematic  of  the 
Preston  probe  instrumentation  is  shown  in  Figure  2.  Instrumentation 
consisted  of  the  Preston  probe  itself  (a  surface  impact  probe),  a 
surface  static  pressure  tap,  and  a  wall  thermocouple.  A  Preston 
probe  with  a  diameter  of  0.049  inch  (0.124cm)  was  used  for  these 
tests. 

For  the  Preston  probe  testing,  the  model  was  initially  mounted  in 
the  tunnel  at  0°  a n g I e -o f -a t t a c k  with  the  probe  instrumentation 
installed  at  a  particular  station  on  the  model.  The  tunnel  was 
then  started  and  brought  up  to  the  desired  supply  pressure.  Once 
the  pressure  was  reached,  the  model  was  rolled  about  its  axis  of 
symmetry  using  the  tunnel  roll  mechanism.  The  probe  was  initially 
set  on  the  windward  meridian,  a  model  roll  position  of  0°,  and  was 
rolled  through  approximately  270°  giving  a  continuous  distribution 
of  surface  static  and  Pitot  pressure,  differential  pressure  between 
static  and  Pitot,  and  surface  wall  temperature  versus  model  roll. 

Tne  roll  was  limited  to  approximately  270°  by  the  limits  on  the 
DO t e n t i 0 me t e r  used  to  provide  model  roll  readout.  After  the 
procedure  was  completed  at  0°  angle-of-attack,  the  model  was 
pitched  to  2°  and  then  4°  angle-of-attack  and  the  procedure  was 
repeated  at  each.  The  model  attitude  was  then  returned  to  0°  and 
the  tunnel  was  shut  down.  The  same  procedure  was  carried  out  for 
all  five  instrumentation  stations. 

A  schematic  of  the  3-D  LDV  system  used  for  these  tests  is  shown  in 
Figure  3  and  described  in  References  2  and  3.  The  system  consists 
of  three  on e- d i m e n s i o n a  I  LDV  components  used  in  a  no n -o r t h o g on  a  I 
manner.  From  the  known  geometry  of  the  system  and  the  three 
measured  velocity  components,  the  velocity  vector  can  be  computed. 
For  these  particular  tests,  a  new  measurement  concept  described  in 
Reference  4  was  employed.  This  system  was  capable  of  measuring 
tne  cross-flow  velocity  component  directly  while  still  utilizing 
the  three  non-o r t hogona  I  LDV  components.  The  Doppler  frequency  of 
the  cross-flow  velocity  component  was  obtained  directly  through 
aopropriate  electronic  mixing  and  filtering  of  the  two  other  appro¬ 
priate  Doppler  frequencies. 

A  typical  LDV  orofile  consisted  of  approximately  25  vertical  survey 
positions  ranging  from  approximately  0.025  inch  (0.064cm)  to  0.8 
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inch  (2.03cm)  vertically  above  the  model  with  more  points  being  taken 
closer  to  the  model  in  order  to  give  better  definition  to  the 
boundary  layer  profile.  The  boundary  layer  thickness  was  typically 
on  the  order  of  0.2  to  0.3  inch  (0.51  to  0.76cm),  but  additional 
points  were  surveyed  in  the  inviscid  flowfield  so  that  the  velocity 
and  turbulence  property  profile  behavior  could  also  be  checked  in 
that  region. 

The  LDV  system  was  traversed  perpendicular  to  the  centerline  of  the 
wind  tunnel  rather  than  normal  to  the  model  surface.  This  introduced 
an  error  in  the  measurement  of  the  vertical  distance  from  the  model 
surface.  However,  for  the  worst  cast  when  the  model  was  at  4°  angle- 
of-attack,  the  error  in  measuring  Y  was  still  less  than  two  percent. 
These  measurement  errors  were  considered  to  be  negligible  so  that 
the  corrections  were  not  included  in  the  data  reduction  process. 

Approximately  2100  samples  for  each  of  the  U,  V,  and  W  velocity 
components  were  taken  at  each  survey  location.  Provisions  were  made 
so  that  the  three  velocity  components  were  measured  from  the  same 
particle  or  from  different  particles  for  which  the  period  of  time  in 
which  all  three  measurements  were  made  was  short  enough  so  that  the 
measurements  could  be  considered  to  be  instantaneous.  The  coinci¬ 
dence  time  used  for  these  tests  was  10  microseconds. 

LDV  surveys  were  obtained  for  a n g  I  e s-o f -a 1 1 a c k  of  0°,  2°,  and  4°  at 
model  roll  positions  of  0°,  45°,  90°  and  135°  on  the  spherically 
blunt  cone  configuration.  Note  that  no  LDV  surveys  were  taken  on 
the  leeward  (180°)  meridian.  This  was  due  to  the  fact  that  there 
were  an  insufficient  number  of  particles  in  the  leeward  flowfield 
of  the  model  at  ang I e-of - a 1 1 a c k  to  be  able  to  make  measurements  in 
a  timely  manner.  The  particles  used  to  seed  the  flow  were  olive 
oil  particles  with  a  mean  diameter  of  approximately  1.5  microns. 

They  were  generated  with  an  atomization  type  generator  which 
utilized  a  Laskin  nozzle.  The  generator  was  run  at  a  pressure 
approximately  5  psi  (34.5  kPa)  over  the  tunnel  supply  pressure. 

The  instantaneous  velocity  values  have  all  been  transformed  into 
model  coordinates  so  that  the  U,  V,  and  W  velocities  are  the  velocity 
parallel  to  the  model  surface,  velocity  perpendicular  to  the  model 
surface,  and  transverse  velocity  component,  respectively.  Using  the 
multiple  values  obtained  by  the  LDV  for  the  instantaneous  velocity 
components  at  each  survey  point,  the  mean  velocities,  the  turbulence 
intensities,  and  the  Reynolds  stresses  were  statistically  computed. 
These  boundary  layer  properties  will  be  discussed  in  this  paper. 


RESULTS 

The  wall  shear  stress  distributions  were  computed  from  the  Preston 
price  measurements  using  the  empirical  relations  described  in 
Reference  6.  As  was  mentioned  previously,  the  wall  static  pressure 
«ic  rreasureU  simultaneously  with  the  Preston  probe  pressure  by  a 
pressure  orifice  which  was  located  approximately  0.25  inch 
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CO. 64cm)  ahead  of  the  Preston  probe  tip.  The  Local  wall  static 
pressures,  Ps,  have  been  used  to  calculate  the  pressure  coefficient, 
Co,  distributions  from  the  formula 

Ps  -  P-o 

C  = -  CD 


wnere  P-,  and  are  the  freestream  pressure  and  Mach  number  ahead  of 
the  model.  Wall  shear  stress  and  pressure  coefficient  distributions 
were  obtained  on  the  spherically  blunt  cone  configuration  for  angles- 
of -attack  of  0°,  2°  and  4°.  The  model  roll  angle  was  varied  from 

to  270“,  where  0°  is  the  windward  meridian.  Figures  4  and  5  show 
some  of  the  shear  stress  and  pressure  coefficient  distribution 
results.  Figure  4  shows  the  variation  of  these  parameters  at 
measurement  stations  2  through  5  for  an  angle-of-attack  of  4°. 

Both  the  wall  shear  stress  and  the  wall  pressure  coefficient  distri- 
butior'is  are  nearly  identical  for  all  measurement  stations.  Shown  in 
Fi'iure  5  are  the  wall  shear  stress  and  pressure  coefficient  distri- 
Dutions  at  measurement  station  4  for  a  =  0°,  2°,  and  4°.  Station  4 
corresponds  to  an  X'/D  of  2.622  and  is  the  measurement  station  where 
LDV  surveys  were  obtained.  It  can  be  seen  that  the  shear  stress  and 
ressure  are  relatively  constant  at  a  =  0°.  However  at  angle-of- 
attack,  the  wall  :;hear  stress  and  pressure  coefficient  are  highly 
iepcndent  on  rnodel  roll  angle.  The  maximum  magnitudes  occur  on  the 
win  dwa'd  siae  of  the  model  and  the  mini  mums  on  the  leeward  side. 

The  variations  of  the  pressure  coefficient  distributions  are  more 
renounced  than  the  shear  stresses. 


LLV  '-u^'-'eys  were  conducted  at  measurement  Station 
"li','  'or  ■  =  O'”',  2°,  and  4°  at  model  roll  angles 
D5'.  Vi.  rtical  surveys  of  the  instantaneous 
^ore  maoe  and  were  then  used  to  compute  the  mean 
.-anuir'j  deviations  of  the  velocities  which  are 
■•urpulence  i  r;  t  e  n  s  i  t  i  e  s  ,  and  the  double  velocity 
jre  related  to  th<^  Reynolds  stresses.  A  discuss 
velO'.  !ty  results  now  follows.  The  velocity  prof 
rrjn stormed  into  model  coordinates  so  that  the  U 
If-’  the  vf'locity  par-aliel  to  the  model  surface, 

...  u  I  ;  r  t.  c  t  n  e  mc.uei  s  u  r  f  d  c  e  ,  and  cross- flow  veloc 
'  ' .  . ;  e  .  :  ;  V  '■  1  /  .  In  addition,  all  velocities  have 
t  ;  ’1  n  t  r  p  1.’ s  t  r  e  a  n  speed  of  sound. 


4  only.  Runs  were 
of  0°,  45°,  90°, 
velocity  components 
velocities,  the 
related  to  the 
correlations  which 
ion  of  the  mean 
iles  have  all  been 
,  V,  and  W  velocities 
velocity  perpendi- 
ity  component, 
been  nond i men s i ona  I - 


.'"I'.'urec  6i  th'-ounh  6c  are  the  U,  V,  and  W  velocity  distri- 
1  '  1  r : .  i  I  r  ;  ■  •  t  i  n of  0 (windward  meridian)  and  angles- 

■  j,  2',  in;  4'  for  the  spherically  blunt  cone.  The  U 
<  r.r  the  windward  meridian  are  shown  as  a  function 

‘-.rrji-  ^  uure  6a.  It  can  be  seen  that  in  the  boundary 

••i'  11  distance  away  from  the  model  surface,  the 

■  ■  ’  r  .  ,  • '  w  '  ,  r.  i  n  c  r  e  a  s  i  n  cj  angle-of-attack.  This  is  an 
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expected  effect  due  to  decreasing  windward  meridian  boundary  Layer 
thickness  with  increasing  a n g L e-o f -a 1 1 a c k  .  Even  though  the  magni¬ 
tudes  of  the  turbulence  quantities  indicate  windward  meridian 
boundary  Layer  thicknesses  in  the  range  of  0-16  to  0.24  inch  (0.41 
to  0.61cm),  the  U  velocity  component  continues  to  increase  well  into 
the  inviscid  region  of  the  fLowfield.  However,  at  stiLL  Larger 
distances  from  the  model  surface,  the  U  velocity  becomes  nearly 
constant  with  increasing  vertical  distances  from  the  model.  The 
normal  component,  V  velocity  profiles  for  the  windward  meridian  are 
shown  in  Figure  6b.  Here  we  see  the  Large  influence  of  the  inviscid 
portion  of  the  flowfield  on  this  component.  It  can  also  be  seen  that  the 
value  of  the  normal  velocity  does  not  approach  zero  near  the  model 
surface  as  is  expected.  It  should  be  pointed  out  that  experimentally, 
the  V  component  is  more  difficult  to  measure  accurately.  The  value 
of  V/A^  at  the  wall  is  only  0.02  which  corresponds  to  a  velocity  of 
approximately  15  ft/sec  (4.57  m/sec),  less  than  one  percent  of  the 
freestream  velocity.  The  cross-flow,  W,  velocity  profiles  are  shown 
in  Figure  6c.  By  symmetry,  this  velocity  should  be  zero.  It  can  be 
seen  that  the  maximum  error  in  W  is  about  25  ft/sec  (7.63  m/sec) 
since  Aco  was  approximately  700  ft/sec  (213.4  m/sec)  for  these  tests. 

It  would  appear  that  this  small  cross-flow  velocity  is  probably  due 
to  a  slight  model  misalignment.  When  these  tests  were  carried  out, 
the  model  was  aligned  with  the  flow  by  monitoring  the  model  wall 
pressure  as  the  model  was  rolled  about  its  longitudinal  axis.  The 
model  was  adjusted  in  pitch  and  yaw  until  the  trace  was  flat.  It 

was  then  assumed  that  the  model  was  at  0°  a ng  I  e- o f - a 1 1 a c k  .  It  can  be 

seen  that  the  measured  value  of  W  is  very  Low  at  a  =  0°.  However, 

the  error  in  W  is  larger  when  the  model  is  at  an  a ng  I  e-o f -a 1 1 a c k 

incicating  that  model  misalignment  will  be  more  evident  at  angle-of- 
attack. 

The  development  of  the  flow  around  the  circumference  of  the 
spherically  blunt  cone  model  at  a n g I e s-o f -a t t a c k  of  2°  and  4°  is 
shown  in  Figures  7  and  8.  As  the  model  circumferential  position  is 
increased  from  0°  (windward  meridian)  toward  180°  (leeward),  the  U 
velocity  decreases  for  a  survey  position  at  the  same  vertical 
distance  from  the  model  surface.  This  is  an  expected  effect  due  to 
thickening  of  the  boundary  layer  from  the  windward  to  Leeward 
meridian.  Also,  the  U  component  undergoes  a  larger  change  on  the 
Leeward  half  of  the  model.  The  V  component  of  velocity  is  highly 
dependent  on  the  circumferential  position  on  the  model  at  least 
around  to  a  circumferential  angle  of  135°.  This  is  true  at  angles- 
of-attack  of  2°  and  4°.  As  expected,  the  W  component  reaches  its 
maximum  magnitude  at  a  circumferential  position  of  90°.  Here  the 
maximum  val.  ue  for  W/Ac-'  is  approximately  0.3  at  a  =  4°.  It  can  be 
seen  that  the  W  profiles  for  roll  angles  of  45°  and  135°  differ 
sliqtitl/  due  to  the  effect  of  boundary  layer  tiiickening. 

As  was  rireviously  statci,  the  turbulence  quantities  were  sta- 
tisti't^ily  computed  from  the  multiple  instantaneous  velocity  measure- 
'•'ents.  A  discussion  of  these  turbulence  quantity  measurements  now 
i  o  L  I  o  w  s  .  All  turbulence  r'  r  s  r  •  ■  t  ’  •  ■■■  have  been  m  n  d  i  m  e  n  s  i  o  n  a  I  i  z  e  d  . 
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FIGURE  4*  WALL  SHEAR  STRESS  OtSTRIBUTlONS 


FIGURE  4b  WALL  PRESSURE  DISTRIBUTIONS 


bLliNT  Nosr 
MACH  3 
station  4 
Aalph;-^-0 
□  ? 

O  4 


t  tJfi  1  so  ,'110  2S0  300 

PCU.L  ANC-l  i 

FIGURE  5a  WALL  SHEAR  STRESS  DISTRIBUTIONS 


0  b0  100  150  .00 

MODfL  ROLL  ANGIE 

FIGURE  5b  WALL  PRESSURE  DISTRIBUTIONS 


171 


MODEL  CONFIGURATION 


19.4" 

24.2" 


.  STATION  FOR  IDV  INSTRUMENTATION 
V  STATIONS  FOR  SKIN  FRICTION  INSTRUMENTATION 


S.94" 


,ip  PSTATIC 


FIGURE  1  SCHEMATIC  OF  SPHERICALLY  RLUNT  CONE  MODEL 


FIGURE  2  PRESTON  PROBE  INSTRUMENTATION 


FIGUHE  .1  3  D  I  1>V  SCHEMATIC 


Yanta,  W.  J.  and  Ausherman,  D.  W.,  "The  Turbulence  Transport 
Properties  of  a  Supersonic  Boundary  Layer  on  a  Sharp  Cone  at 
Ang L e-o f - A 1 1 a c k , "  AIAA  Paper  No.  83-0456,  January  1983. 

BushneLL,  D.  M.  and  Morris,  D.  J.,  "Shear  Stress,  Eddy  Viscosity 
and  Mixing-Length  Distributions  in  Hypersonic  Turbulent  Boundary 
Layers,"  NASA  TM  X-2310,  Langley  Research  Center,  Hampton, 

Virginia,  August  1971. 

Yanta,  W.  J.  and  Lee,  R.  E.,  "Measurements  of  Mach  3  Turbulence 
Transport  Properties  on  a  Nozzle  Wall,"  AIAA  Journal,  Vol.  14, 

No.  6,  June  1976,  pp.  725-729. 

Laderman,  A.  J.,  "Pressure  Gradient  Effects  on  Supersonic 
Boundary  Layer  Turbulence,"  Report  No.  U-6467,  Ford  Aerospace 
S  Communications  Corp.,  Newport  Beach,  California,  October  1978. 

Cebeci,  T.  and  Smith,  A.  M.  0.,  Analysis  of  Turbulent  Boundary 
Layers ,  Academic  Press,  N.Y.,  1974. 

van  den  Berg,  B.  and  Elsenaar,  A.,  "Measurements  in  a  Three 
Dimensional  Incompressible  Turbulent  Boundary  Layer  in  an 
Adverse  Pressure  Gradient  Under  Infinite  Swept  Wing  Conditions," 
National  Aerospace  Laboratories,  NLR-TR-72092U ,  The  Netherlands. 

Cebeci,  T.  and  Meier,  H.  U.,  "Modeling  Requirements  for  the 
Calculation  of  the  Turbulent  Flow  Around  Airfoils,  Wings  and 
Bodies  of  Revolution,"  Paper  No.  16,  AGARD-CP-271 ,  1980. 

Yanta,  W.  J.,  Ausherman,  D.  W.,  and  Hedlund,  E.  R.,  "Measurements 
of  a  Three-Dimensional  Boundary  Layer  on  a  Sharp  Cone  at  Mach  3," 
AIAA  Paper  No.  82-0289,  January  1982. 

Ausherman,  D.  W.,  Yanta,  W.  J.,  and  Rutledge,  W.  H.,  "Measure¬ 
ment  of  the  Three-Dimensional  Boundary  Layers  on  Conical  Bodies 
at  Mach  3  and  Mach  5,"  AIAA  Paper  No.  83-1675,  July  1983. 

Ausherman,  D.  W.  and  Yanta,  W.  J.,  "The  Three-Dimensional 
Turbulence  Transport  Properties  in  the  Boundary  Layers  of  Conical 
Body  Configurations  at  Mach  3,"  AIAA  Paper  No.  84-1528,  June  1984. 


4. 


The  Reynolds  stresses  exhibited  a  variety  of 
trends.  The  stress  exhibited  the  usual 
trends  of  2-D  data.  The  magnitudes  of  the 
Ty  stress  were  surprisingly  large,  approaching 
one-half  of  the  values  of  the  stress  for 
some  cases.  The  stress  was  relatively  small 
as  compared  to  the  other  stress  components. 

5.  The  streamwise  eddy  v i scos i t y ,  £ was  found 
to  be  highly  dependent  upon  roll  angle  and 
ang le-of-attack .  This  dependency  upon  a  and 

(})  will  have  to  be  modeled  accurately  when  eddy 
viscosities  are  to  be  used  in  3-D  computations. 

6.  The  slopes  of  the  I mixing  length  distributions 
appear  to  approach  Prandtl's  value  of  K  =  0.4 

in  the  near  wall  region.  In  the  mid-portion  of 
the  boundary  layer,  the  mixing  lengths  were 
found  to  be  dependent  on  both  a  and  (J) . 

7.  The  ratio  of£y/£.u  appears  to  have  values  which 
are  primarily  less  than  0.75  indicating  that 
isotropy  of  the  eddy  viscosities  is  probably 
not  a  good  computational  assumption  for  this 
test  case.  Further  tests  would  need  to  be  run 
to  determine  a  more  exact  value  for^y/^u. 
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in  two  experimental  programs  which  investigated  the  effects  of  nose 
shape,  Mach  number,  a n g L e-o f -a t t a c k ,  and  roll  angle  on  conical  body 
flowfields.  Additional  description  of  the  model  geometries,  test 
procedures,  and  results  can  be  found  in  Reference  7  and  References 
14  through  16. 


CONCLUSIONS 

Three-dimensional  boundary  layer  measurements  were  carried  out  on  a 
7°  semi-vertex  angle  conical  body  with  a  22%  spherically  blunt  nose 
at  Mach  3  for  a n g I e s-o f -a t t a c k  of  0°,  2c,  and  4°.  The  3-D  mean 
velocities,  turbulence  intensities,  and  Reynolds  stresses  were 
measured  at  various  body  circumferential  locations  using  an  LDV 
system.  Other  measurements  included  wall  shear  stress  and  wall 
static  pressure  distributions.  From  examining  the  results,  the 
following  conclusions  were  reached: 

1.  At  angle-of-attack,  the  wall  shear  stress  and 
surface  pressure  are  highly  dependent  on  model 
roll  angle.  Maximum  magnitudes  occur  on  the 
windward  meridian  of  the  model  and  minimums  on 
the  leeward  meridian. 

2.  Inviscid  flowfield  velocity  gradients  are  super¬ 
imposed  on  the  boundary  layer  velocities.  The 

U  velocity  component  continues  to  increase  in 
magnitude  well  into  the  inviscid  region  of  the 
flowfield.  Also,  the  V  velocity  profiles  are 
greatly  influenced  in  the  inviscid  flowfield  by 
these  gradients.  These  inviscid  flowfield 
velocity  gradients  also  made  it  difficult  to 
evaluate  the  boundary  layer  thickness  and  in¬ 
compressible  displacement  thickness  by  normal 
procedures. 

3.  Angle-of-attack  and  roll  angle  have  various 
effects  on  the  three  turbulence  intensity  com¬ 
ponents.  The  u'  streamwise  intensities  were 
similar  to  those  of  2-D  data  and  were  un¬ 
affected  by  either  model  transverse  position 
or  angle-of-attack.  On  the  windward  side  of 
the  model,  the  v'  vertical  component  was 
relatively  constant  across  the  boundary  layer 

and  was  unaffected  by  transverse  pos  i  t  i  on  or ang L e- 
of-attack.  However,  for  (})  =  135°,  v'  increases 
and  then  decreases  with  increasing  distance  from 
the  model  surface.  In  general,  the  magnitudes 
of  the  w'  component  are  largest  on  the  windward 
meridian  and  reach  a  minimum  for  6  =  45°.  The 
magnitudes  then  increase  again  towards  6  =  180°. 

The  w'  intensities  are  relatively  insensitive 
to  changing  angle-of-attack. 


exhibit  negative  values.  Although  this  is  not  physically  plausible, 
the  data  are  shown  as  computed.  To  avoid  numerical  problems  of 
taking  the  square  root  of  negative  numbers,  the  various  mixing 
lengths  were  computed  by  the  following  definitions: 


Shown  in  Figures  13a,  13b,  and  13c  are  the  distributions  of  the 
mixing  Length  6 .  Also  plotted  is  a  Line  with  a  slope  which 
corresponds  to  Prandtl's  value  of  K  =  0.4.  The  slopes  of  all  of 
the  distributions  appear  to  approach  values  close  to  0.4  in  the 
near  wall  region.  The  mixing  length  appears  to  have  some  dependence 
on  angle-of-attack  and  roll  angle  at  least  in  the  middle  portion 
of  the  boundary  layer.  However,  it  is  difficult  to  ascertain  what 
the  effects  of  angle-of-attack  or  roll  angle  are  on  the  slopes 
near  the  wall. 

The  cross-flow  eddy  viscosity,  distributions  as  determined  from 

t:  2  and  3w/dY  are  shown  in  Figures  14a  and  14b.  The  scatter  in  this 
data  is  rather  severe.  However,  it  appears  that  the  trend  of  the 
cross-flow  eddy  viscosity  is  to  increase  with  increasing  distance 
from  the  model  wall  to  about  the  middle  of  the  boundary  layer  and 
then  to  decrease  with  increasing  Y/6  beyond  that  point  for  both  2° 
and  4°  angle-of-attack. 

One  of  the  most  common  simplifying  assumptions  which  is  made  in  the 
computation  of  3-D  viscous  flows  is  isotropy  of  the  eddy  viscosities. 
That  is  that  the  cross-flow  component  of  eddy  v i s c os i t y , ^ ^ ,  is 
equal  to  the  streamwise  component  ,£  g.  A  series  of  experiments  at 
the  NLR'*^  showed  that  considerable  changes  could  occur  in  the 
turbulence  structure  of  three-dimensional  boundary  layers  from  the 
structure  in  2-D  flows.  In  Reference  13,  Cebeci  and  Meier  found 
that  significant  inaccuracies  in  the  predicted  flowfield  parameters 
could  occur  when  computational  methods  which  assumed  an  isotropic 
eddy  viscosity  were  used.  Shown  in  Figures  15a  and  15b  are  the 
distributions  of  the  ratio  of  the  cross-flow  eddy  viscosity  com¬ 
ponent  to  streamwise  eddy  viscosity  component,  at  a  =  2°  and 

4°.  From  this  data  it  can  be  seen  that  for  both  2°  and  4°  angle-of- 
attack,  is  probably  less  than  1.  Instead,  the  values  for 

appear  to  primarily  be  less  than  0.75.  Thus  isotropy  of  the 
eddy  viscosity  is  probably  not  a  good  assumption  to  make  when 
perf'.rming  computations  for’  this  case. 

As  was  mentioned  in  the  Introduction,  the  objective  of  these  experi¬ 
ments  was  to  provide  a  data  base  which  extends  the  current  under¬ 
standing  of  three-dimensional  viscous  and  inviscid  flows  about 
conical  bodies.  It  should  be  pointed  out  that  the  experimental  data 
presented  in  this  paper  is  a  srriall  portion  of  a  data  base  obtained 


of  the  Ty  stress  in  the  circumferential  direction  which  is  used  in 
computations  and  the  variation  is  small  for  this  case.  However,  if 
the  full  Na V i e r - S t o k e s  equations  were  computed,  it  would  be  necessary 
to  include  a  model  of  this  stress  term. 

The  T2  stress  is  of  great  interest  to  both  the  experimentalist 
and  thecomputatioiialists.  However,  because  of  a  lack  of  experimental 
data,  it  has  been  necessary  to  make  various  assumptions  about  the 
magnitude  and  the  trends  of  this  stress  when  employing  numericat 
solvers  such  as  the  parabolized  Na v i e r- S t o k e s  equations  to  compute 
3-D  compressible  turbulent  flows.  The  data  presented  in  this  paper 
show  that  the  magnitude  of  the  r  ^  stress  is  small  for  these  experi¬ 
ments.  However,  this  is  not  surprising  since  the  maximum  angle-of- 
attack  for  these  tests  was  only  4°  and  the  resulting  cross-flow 
velocity  had  a  maximum  value  of  approximately  10%  of  the  freestream 
velocity.  This  relatively  small  velocity  resulted  in  the  occurrence 
of  a  large  amount  of  scatter  in  the  measurements.  Interpretation 
of  the  behavior  of  is  difficult  because  of  its  dependence  on  model 
circumferential  position  when  at  angle-of-attack.  A  more  meaningful 
interpretation  of  these  stresses  is  obtained  when  they  are  used  to 
compute  the  eddy  viscosity  and  the  mixing  length  which  are  important 
parameters  used  in  current  algebraic  modeling  of  the  turbulence  shear 
term. 

Two  different  techniques  were  used  to  compute  the  derivatives  of 
U  and  W  with  respect  to  Y.  These  derivatives  are  necessary  for 
calculating  the  eddy  viscosity  and  mixing  length  values  from  the 
shear  stresses.  The  U  velocity  profiles  were  curve  fit  with  a 
series  of  overlapping  curve  fits  of  seven  consecutive  points  using  a 
least  squares  polynomial  for  each  segment  of  the  profile.  The 
derivative  at  the  desired  point  was  computed  from  the  polynomial. 

Tne  W  velocity  profiles  were  fit  with  single  curves  rather  than  a 
series  of  overlapping  curve  fits.  Entire  W  velocity  profiles  were 
curve  fit  with  series  of  least  squares  polynomial  fits  of  various 
degrees  from  two  to  eight.  These  polynomial  fits  were  then  plotted 
along  with  the  corresponding  W  velocity  profile.  The  polynomial 
which  best  fit  the  inner  half  of  the  W  velocity  profile  was  chosen 
and  was  differentiated  and  used  to  compute  values  for  the  derivatives 
at  all  profile  points. 

Shown  in  Figures  12a,  12b,  and  12c  are  the  nondimensionalized 
eddy  viscosity  C^j/UooO’*,  profiles  for  0°,  2°,  and  4°  angle-of-attack, 
r e 5 p e c t i V e I  V .  These  eddy  viscosities  were  computed  from  the  shear 
stress  and  ^U/^Y.  At  r<  =  0°,  the  maximum  value  of  €u/'U,,6’  is  nearly 
equal  to  the  value  of  0.0168  which  is  used  in  the  algebraic  model 
developed  by  Cebeci  and  Smith"*"'  for  2-D  flows.  However,  it  is  obvious 
from  Figures  12b  and  12c  that  the  eddy  viscosity  is  highly  dependent 
on  model  anqle-of-attack  and  roll  position  as  well  as  on  vertical 
position  in  the  boundary  layer.  Thus,  modeling  of  the  eddy  viscosity 
requires  a  functional  dependence  on  angle-of-attack,  roll  angle,  and 
height  in  the  Pound  ary  layer.  It  should  be  pointed  out  that  because 
of  experimental  scatter  and  inflections  in  the  velocity  profiles  and 
shear  stresses,  the  eddy  viscosities  and  mixing  lengths  do  occasionally 


165 


measured,  some  assumptions  were  made  to  determine  the  Local  density 
distributions.  Since  the  flow  in  the  boundary  Layer  is  adiabatic, 
then  the  Local  energy  equation  can  be  written  in  the  form 


Assuming  the  static  pressure  to  be  constant  across  the  boundary  Layer, 
the  Local  density  can  be  determined.  It  has  also  been  assumed  that 
the  Local  velocity  q  can  be  written  as 

q  =  (  +  W^)'^  =  U  (5) 

For  the  present  experiments,  the  multiple  records  for  each  of 
the  individual  velocity  components  were  used  to  generate  individual 
histograms  for  each  component.  These  histograms  were  inspected 
individually  and  upper  and  lower  data  limits  were  chosen  to  eliminate 
spurious  data  points.  This  was  preferred  to  the  usual  method  of 
rejecting  data  outside  of  a  certain  number  of  standard  deviations 
from  the  mean.  Neither  the  mean  results  or  the  turbulence  results 
were  corrected  for  velocity  or  sampling  bias. 

Shown  in  Figures  10a  through  lOi  are  the  turbulence  intensities 
u',  v',  and  w'  for  all  measured  combinations  of  a ng  I  e-o f -a 1 1 a c k  and 
model  roll.  The  RMS  values  of  u',  v',  and  w' have  been  nondimehsionalized 
by  the  factor  (p/.js>4/Ut-  In  general,  it  appears  that  angle-of-attack 
and  model  circumferential  angle  have  Little  effect  on  the  Longitudinal 
component  u'.  This  turbulence  intensity  component  decreases  with 
increasing  distance  froim  the  model  surface.  On  the  windward  side  of 
the  model,  the  v'  component  distribution  appears  to  be  relatively 
constant  across  the  boundary  layer  and  also  appears  to  be  insensitive 
to  angle-of-attack  and  roll  position.  However  at  a  circumferential 
position  of  135°,  the  v'  component  increases  and  then  decreases  with 
increasing  distance  from  the  model  surface.  Also,  the  magnitude  of 
v'  is  larger  at  a  =  4°  than  at  a  =  2°.  The  w'  component  exhibits  a 
slightly  different  behavior.  In  general,  the  magnitudes  are  largest 
at  'P  =  0°  and  reach  a  minimum  for  <p  -  45°.  The  magnitudes  then 
increase  again  with  increasing  roll  angle.  At  a  roll  position  of 
135°  the  magnitude  is  a o p r o x i ma t e  I  y  equal  to  the  magnitude  a t  0  =  0°. 
It  is  also  interesting  to  note  that  for  a  given  roll  position,  the  w' 
component  magnitudes  are  approximately  equal  for  a  =  2°  and  4°. 

Shown  in  Figures  11a  through  11i  are  the  three  nondiinensional 
Re/noLds  stresses  i^,  Ty,  and The  data  are  shown  for  all  measured 
conditions.  The  general  trend  of  Xx  is  quite  similar  to  that  for 
experimental  data  from  2-D  flow s.®'i ^  The  magnitudes  of  the  xy  stress 
approach  one-half  of  the  values  of  the  x^  stress  for  some  angle-of- 
attack  and  roll  combinations.  In  general,  this  stress  term  is 
neglected  when  computations  are  being  made  because  it  is  the  gradient 


One  of  the  important  parameters  needed  to  n  o  ri  a  i  m  e  n  s  i  o  n  a  I  i  f 
many  of  the  turbulence  quantities  is  the  boundary  Layer  thickness,  o. 
The  normal  procedure  for  determining  6  is  to  choose  a  value  where  U 
is  equal  to  some  specified  percentage  (99%,  99.5%,  etc.)  of  the 
constant  inviscid  velocity  at  the  edge  of  the  boundary  layer. 

However  for  these  flowfieLds,  there  never  is  a  constant  inviscid  flow 
velocity  because  the  U  velocities  continue  to  increase,  due  to  the 
yracient  in  the  inviscid  region  of  the  flowfield.  Instead,  the 
c-ehavior  of  the  u'  turbulence  intensity  profiles  was  examined  to 
determine  boundary  layer  thickness.  The  turbulence  intensities  Jo 
ape.  roach  a  constant  value  near  the  boundary  layer  edge  and  in  general, 
a  value  for  i  was  chosen  where  u'  was  10  ft/sec  (3.05  m/sec)  greater 
than  its  constant  inviscid  flowfield  value.  The  value  of  10  ft/sec 
(3.05  m/sec)  was  chosen  because  it  is  approximately  0.005  of  the  edge 
yeiocity  and  it  was  felt  that  using  this  technique  to  choose  6  was 
comparable  to  choosing  6  where  U  is  equal  to  0.995  of  the  inviscio 
flowfield  velocity  for  the  case  where  the  inviscid  flowfield  velocity 
i'l  coristant..  The  values  for  the  boundary  layer  thickness  that  were 
aetermined  for  the  blunt  cone  using  this  technique  are  shown  in 
p-yure  9  as  a  function  of  circumferential  angle  and  angle-of-attack. 
Tti.->(e  is  a  distinct  increase  in  boundary  layer  thickness  as  one 
proceeds  from  the  viindward  ((p  -  0°)  towards  the  Leeward  ((1*  =  180  ) 
meridian.  This  change  becomes  more  obvious  with  increasing  angle-of- 
a  f.  t  3  c  k  . 

Another  parameter  of  importance  is  the  "incompressible"  boundary 
layer  displacement  thickness,  6**,  which  is  required  to  evaluate  eddy 
vise,  osity  models.  6’*  is  defined  by  the  equation 


T  p  normal  procedure  for  evaluiating  the  incompressible  boundary  layer 
disriacement  thickness  is  to  fit  a  power  law  profile  to  the  U/Ug 
versus  f/'i  curve.  3y  letting  the  velocity  profile  be  represented  by 
j  .  lower  law  firofile,  U/Ug  =  (Y/d)'^  ,  it  can  be  shown  that 


-k 

'  '  =  1 
5  n  +  1 


(3) 


w  i  r  <:■  r  e  r,  :  s  I  li  e  exponent  of  the  power  Law  fit.  For  this  particular 
'■ost  series,  the  suoerimposition  of  the  inviscid  flowfield  velocity 
' ;  r  a  (J  I  e  n  !:  j  n  trie  boundary  layer  velocity  makes  this  approach  for 
cor,  fiut  in  j  '  ip ,  i>  s  t  i  o  n  a  b  I  e  .  Previous  experiments  on  a  sharp  cone^ 

T)  0  V  e  s  n  G  w  n  that  the  trends  for  the  circumferential  variation  of  d  “ 
UP  'S  ...  i  t  e  s  uii  1  I  ,  I  r  to  t  o  "  e  a  f  d  and  that  the  a  p  o  r  o  x  i  m  a  t  e  ratio  of 
t(  was  1/8.  Tilt,  s,  ■■'*/•.:  has  been  specified  to  equal  0.125  in 
t  it  i  s  a  p  a  L  >'  s  i  s  . 


A  n  o  t  n  e  r  pi  ti  r  .  i  ti  et':r  which  is  necessary  for  turbulence  modeling  is 
the  local  n  a  ''  t  density.  Since  neither  t  e  m  d  e  r  a  t  u  r  e  nor  density  were 
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ABSTRACT 

Tht  stability  of  the  laminar  boundary  layer  on  a  7-degree  half  angle  cone 
at  fijQ  --  8  was  exper in'ertal  ly  investigated  using  hot-wire  anemometry 
techniques.  The  principle  itistability  of  the  hypersonic  boundary  layer  was 
associated  with  second  mode  disturbances.  The  frequency  of  the  most  amplified 
disturbances  was  directly  related  to  the  boundary  layer  thickness.  Small 
nosetip  hluntness  was  found  to  make  significant  changes,  compared  to  a  sharp; 
cone,  in  the  stability  characteristics  of  the  boundary  layer.  A  nosetip 
bluntness  of  of  the  base  radius  was  found  to  damp  disturbances  of  all 
frequencies  to  a  local  Reynolds  number  of  5.1X10°.  The  region  of  the  cone 
frustum  where  the  '^ntropy  layer  was  being  swallowed  by  the  boundary  layer  was 
found  to  be  stable  and  the  location  of  the  critical  Reynolds  number  coincided 
approximately  with  the  location  where  the  entropy  layer  was  swallowed.  Cnee 
the  critical  Reynolds  number  was  exceeded,  the  disturbance  amplification  rates 
steadily  increased  and  soon  became  larger  than  the  amplification  rates  obtained 
in  the  boundary  lay'^^r  of  the  sharp  cone.  For  the  cone  with  3%  nosetip 
bluntncss,  disturbances  were  amplified  up  to  frequencies  of  approximately  600 
kHz  (higher  than  the  sharp  cone  boundary  layer)  and  there  were  no  regions  of 
stable  frequencies,  as  found  in  the  sharp  cone  boundary  layer.  Further 
increases  in  the  size  of  the  nosetip  produced  additional  changes  in  the 
stability  characteristics  of  the  frustum  boundary  layer.  It  was  discovered 
that  large  amplitude  disturbances  existed  outside  the  boundary  layer,  in  the 
entropy  layer,  indicating  the  existence  of  an  inviscid  instability.  As  the 
er.tropy  layer  was  s^'allowed  by  the  boundary  layer  these  disturbances  entered 
the  boundary  layer  and  i^roceeded  to  grow  rapidly.  It  is  speculated  that  the 
large  amplitude  disturbances  feeding  into  the  boundary  layer  may  force  the 
Dcundaty  layer  disturbances  to  grow  in  an  otherwise  stable  boundary  layer. 

Nomenclature 

DisLurbance  rms  amplitude  (arbitrary  units) 

F  Dimensionless  frequency  (2»rf/u  Pe  /FT) 

L  Frequency,  riz  ^ 

'  Mach  pumbor 

F  (Re  )= 

X 

;'e  Reynolds  number 

Re^,  Reynolds  number  based  upon  conditioi.s  at  the  edge  of  the 

boiir.dary  layer  and  surface  distance  f roni  the  nosetip 
'A  Nosetip  radius,  in. 

/  '  Surface  lercth,  in. 
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y  Distance  normal  to  the  model  surface 

•  Amplification  rate  3  A 

^  2A 

o  Boundary-layer  thickness,  in. 

A  Wavelength  of  disturbance 

Subscripts 

e  Boundary  layer  edge  conditions 

oO  Free  Stream 


Di scussion 


Fig.  1  shov/s  the  fluctuation  spectra  at  the  location  of  peak  energy  in  the 
boundary  layer  in  a  pictorial  format  to  illustrate  the  growth  of  disturbances 
in  a  laminar  boundary  layer.  A  unique  feature  of  the  hypersonic  boundary  layer 
is  that  it  is  very  selective  in  the  disturbance  frequencies  which  are  most 
amplified.  Large  disturbances  were  found  to  grow  in  the  frequency  range  from 
about  70  to  150  kHz.  These  fluctuations  have  been  identified  (by  comparison 
with  Mack's  theoretical  results)  as  second  mode  disturbances.  It  can  also  be 
observed  that  higher  frequency  disturbances  develop  as  the  boundary  layer 
grows.  These  disturbances  are  believed  to  be  a  first  harmonic.  Even  though 
the  boundary  layer  disturbances  had  grown  to  a  relatively  large  amplitude  by 
the  end  of  the  model,  the  boundary  layer  still  had  the  mean  flow 
characteristics  of  a  laminar  boundary  layer. 

Fig.  2  contains  the  same  data  as  shown  in  Fig.  1,  but  to  better  illustrate 
the  frequency  of  the  disturbances  spectral  data  f*'om  several  stations  have  been 
overlayed.  The  first  and  second  mode  fluctuations  are  merged.  The  first  mode 
corresponds  to  the  lower  frequency  fluctuations  which  show  an  increase  in 
amplitude,  without  any  special  selectivity  in  frequency  of  the  disturbances 
which  are  amplified.  These  disturbances  are  similar  to  the  Tollmien- 
Schlichting  instability  of  incompressible  flow.  The  second  and  higher  modes 
are  unique  to  compressible,  high  Mach  number  flows.  The  large  increase  in 
fluctuation  amplitude  in  the  frequency  range  of  about  70  to  150  kHz  are  second 
mode  waves.  The  stability  theory  of  Mack  predicted  that  the  second  mode  would 
be  the  predominant  instability  at  M,o  =8  and  these  data  confirm  that  prediction. 
The  fluctuations  which  show  a  peak  in  the  frequency  range  from  about  175  to  200 
kHz  are  believed  to  be  a  first  harmonic  of  the  second  mode. 

Fig.  3  is  a  pictorial  view  showing  the  spectral  density  variations  through 
the  boundary  layer.  These  data  were  obtained  at  the  last  measuring  station  (37 
inches)  where  the  local  Reynolds  number  was  4.4X10”.  Fig.  3a  is  a  view  from 
outside  the  boundary  layer,  locking  in.  The  second  mode  disturbances  were 
found  to  extend  well  beyond  the  defined  boundary  layer  edge.  Fig.  3b  contains 
the  same  data  as  Fig.  3a,  but  now  the  view  is  from  the  surface,  looking  out. 

It  can  be  seen  that  the  disturbances  did  not  grow  in  the  inner  half  of  the 
boundary  layer  and  remained  essentially  at  the  noise  level  of  the  flow. 

Fig.  4  IS  the  resulting  stability  diagram  for  a  sharp  cone,  with  a 
boundary  layer  edge  Mach  number  of  6.8  and  an  equilibrium  wall  temperature. 

The  multiple  unstable  regions  of  a  hypersonic  boundary  layer  are  designated  by 
the  shaded  areas.  These  region>  represent  frequency  and  Reynolds  number 
conditions  where  disturbances  are  amplified.  The  unshaded  areas  correspond  to 
conditions  where  di sturboices  are  daispcd.  The  boundaries  of  the  shaded  areas 
are  neutral  st-ability  condition'  where  the  amplification  rate  is  zero.  The 
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cushni  neutral  stability  lines  at  the  higher  fregucrcu.'s  dencto  an  aDproxiinate 
d'-ateruiination  since  the  disturbances  were  small  and  the  conditions  had  to  be 
estiniated. 

Fig.  5  shows  in  pictorial  format  the  fluctuatic/n  spectra  at  the  location 
of  peak  energy  in  the  bfundary  layer  for  the  cone  with  a  0.15  inch  nosetiii 
radius.  Initially,  disturbances  of  all  frequencies  were  damped.  The  sharp 
cone,  at  corresponding  local  Reynolds  numbers,  s.howed  a  steady  growth  of 
di  sr.urhances.  The  major  peak  in  the  fluctuation  sp^^’Ctra  cievelopinq  near  •  r:n 
rear  portion  of  the  model  was  believed  to  be  second  mccie  disturbances  (baser 
upof;  an  estimation  of  disturbance  wave  length  and  utilizing  the  sharp  coiie 
results).  Unlike  the  sharp  cone  results,  disturbances  oi'  very  high  frequencies 
wci'c  amplified. 

The  high  frecjuency  disturbances  in  the  sharp  cone  boundary  layer  wore 
found  to  have  wave  lengtf'S  which  were  directly  related  to  the  boundary  layer 
thickness,  with  the  second  mode  fluctuations  having  a  wave  length  approxima r el v 
twice  tin?  ooundary  layer  thickness.  The  wave  length  of  the  first  major  peak  in 
the  -tluctuation  spectra  shown  in  Fig.  5  was  estimated  in  the  same  niannor  as  the 
sh'M'p  cone  data,  by  assuming  that  the  wave  velocity  was  the  same  as  the 
b(iundary  layer  edge  velocity.  The  results  are  shown  in  Fig.  6,  along  with  the 
sharp  cone  results.  For  both  nosetip  configurations  the  disturbance  wave 
length  was  related  to  the  boundary  layer  thickness  in  a  consistent  manner, 
alung  with  a  weak  depenocnce  upon  local  Reynolds  number.  These  sharp  cone 
disturbances  had  been  identified  as  second  mode  disturbances,  based  upon  a 
coni[>jr'i son  with  Mack's  theoretical  results.  The  similarity  of  these  Rj^  =  (l.'if 
inch  data  led  to  the  belief  that  these  disturbances  were  also  second  modc- 
rii  sturbarces . 

Fig.  7  compa'-'es  i.saximum  amplification  rates  associated  with  second  mode 
riic'urbances  for  the  cone  with  sharp  and  Rj.  =  0.15  inch  nosetips.  As  mentioned 
[ireviously,  this  3  blunt  nosetip  completeTy  stabilized  the  laminar  boundarv 
layer  to  local  Reynolds  riumbers  corresponding  approximately  to  transition  on  a 
sharp  cone.  Once  the  di<;turbances  started  to  amplify  in  the  boundary  layer  of 
the  cone  with  3T  nosetip  bluntness,  the  amplication  rates  steadily  increased 
and  surpassed  the  maximum  rates  obtained  for  the  sharp  cone. 

Fio.  8  is  the  resultiiig  stability  diagram  for  the  cone  with  a  nosetip 
radius  of  0.15  inches.  The  shaded  area  represents  the  frequency  and  Reynolds 
number  conditions  where  disturbances  are  amplified.  The  unshaded  areas 
corresnond  to  conditions  where  disturbances  are  damped.  The  boundary  of  the 
shaded  area  represents  iieutral  stability  conditions  where  the  ampl ification 
rate  is  zero.  The  dashed  neutral  stability  lines  at  the  higher  frequencies 
denote  an  aptiroxima^e  determination  since  the  disturbances  were  small  and  the 
reridi  ^-ions  h-'d  to  be  os':imated. 
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BACKGROUND 


Investigations  of  the  effects  of  nose  blunting  on  the  location  of  boundary- 
layer  transition  on  slender  cones  at  supersonic  or  hypersonic  speeds  go  back  25 
years.  For  some  time  it  was  thought  that  the  movement  of  the  transition  point 
was  simply  due  to  the  reduction  in  local  Reynolds  number  associated  with  the  loss 
in  total  pressure  through  the  bow  shock.  More  recently,  as  in  Reference  1,  it 
has  been  shown  that  variations  in  the  local  transition  Reynolds  number  also  occur 
on  a  blunt  cone  and  that  both  these  effects  must  be  taken  into  account  in 
explaining  the  observed  movement  of  transition  along  the  cone  frustum. 

In  Reference  1,  Stetson  has  identified  two  flow  regimes  which  he  dis¬ 
tinguishes  on  the  basis  of  the  nature  of  the  rise  in  heat  transfer  through  tran¬ 
sition.  With  reference  to  Figure  1,  he  calls  the  behavior  in  (a)  normal  tran- 
jition  and  the  behavior  in  (b)  transition  dominated  by  nosetip  instabilities. 

For  "smooth"  nosetips  he  suggests  that  the  boundary  between  the  two  regimes 
occurs  when  the  value  of  the  momentum-thickness  Reynolds  number  at  the  sonic 
point  on  the  nose,  Re*,  is  about  100.  He  then  chooses  to  look  almost  exclusively 

at  data  for  Re*  <  100,  citing  problems  with  asymmetry  and  lack  of  repeatability 
0 

for  Re*  >  100. 
e 

Most  of  the  previous  investigations  of  bounU.iry-l.tvcr  transition  on  blunt 
cones  do  not  distinguish  between  these  regimes.  Some  years  ago  Hill  (Reference  2) 
correlated  a  number  of  sets  of  data  as  shown  in  figure  2,  using  the  Reynolds 
number  behind  the  shock  as  the  scaling  parameter.  Within  the  admittedly  large 
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scatter,  all  the  data  fell  in  a  smooth  band  for  val ues  of  Re*  extending  to  both 
sides  of  Re*  =  100.  All  of  Stetson's  recent  data,  restricted  to  Re*  <  100,  agrees 
well  with  the  earlier  data.  In  terms  of  the  parameter  used,  the  data  for  Re*  > 

100  blends  smoothly  into  the  data  for  lower  Reynolds  numbers. 

So  far,  the  discussion  has  been  about  data  for  zero  angle  of  attack.  Many 
investigations  of  angle-of-attack  effects  have  been  published,  from  which  we 
select  Holden's  data  (Reference  3)  for  illustration.  Figure  3  shows  the  tran¬ 
sition  patterns  observed  for  a  3  deg.  on  cones  with  two  different  bluntness 
ratios.  In  one  case  transition  has  moved  forward  on  the  leeward  ray  and  in  the 
other  case  it  has  moved  aft.  Both  patterns  of  behavior  have  been  observed  else¬ 
where  but  the  transition  between  them  has  not  been  associated  with  any  value  of 
any  particular  flow  parameter. 


PRESENT  INVESTIGATION 

The  present  investigation  was  carried  out  as  a  demonstration  test  for  the 
development  of  a  new  capability  in  Hypervelocity  Tunnel  9  at  NSWC.  The  objective 
ft  this  development  effort  was  to  raise  the  Reynolds  number  at  Mach  10  from  about 

r  0 

S  /  10  per  foot  to  20  x  10  per  foot.  This  was  done  so  that  naturally  turbulent 
boundary  layers  (i.e.  without  tripping)  could  be  obtained  on  R/V  models.  Thus  an 
investigation  of  boundary  layer  transition  was  an  appropriate  choice  for  the 
demons tra ti on  test. 

Figure  4  shows  the  layout  of  the  model  and  instrumentation,  '''here  were 
three  noses,  with  nose  radii  as  shown.  Heat-transfer  measurements  were  used  to 
locate  transition  and  the  coaxial  thermocouples  were  used  to  measure  the  heat- 
transfer  rates.  Transient  data  were  taken  during  pitch  sweeps  from  -5  deg.  to 


+5  deg.,  yielding  Stanton  number  variations  with  angle  of  attack  as  shown  in 
Figure  5  for  two  stations  opposite  each  other  on  the  top  and  bottom  of  the  model. 


PRELIMINARY  RESULTS 

Preliminary  results  illustrating  two  transition  regimes  as  identified  by 
Stetson  are  shown  in  Figure  6.  The  heat  transfer  rise  is  steep  at  the  low 
Reynolds  number  and  gradual  at  the  high  Reynolds  number.  When  the  data  from  the 
present  tests  (for  zero  angle  of  attack)  are  plotted  as  in  Figure  2  they  fall  into 
two  groups,  as  shown  in  Figure  7.  The  data  for  the  lower  Reynolds  numbers, 
exhibiting  a  sharp  rise  in  heat  transfer,  falls  on  the  curve  labeled  1  and  the 
data  for  high  Reynolds  numbers,  exhibiting  a  gradual  rise  in  heat  transfer,  falls 
on  the  curve  labeled  2. 

For  one  run  at  a  value  of  Re  3.4  x  two  points  are  shown;  one  on  each 

iN  ,  o 

curve.  They  have  been  derived  from  Stanton  number  plots  like  the  one  shown  in 
Figure  8,  where  the  rise  from  laminar  to  turbulent  values  occurs  in  two  steps. 

The  first  step  produces  the  point  shown  on  curve  2  and  the  second  step  the  one 
shown  on  curve  1.  correspond i ng  to  "normal"  transition  as  labeled  by  Stetson.  At 
this  Reynolds  riuniber  ‘‘he  oLhcr  transition  mechanism  (postulated  by  Stetson  to  be 
associated  with  i  ns  l.iiii  1  ^  •  i '•',  in  the  flow  over  the  nosetip)  is  just  beginning  to 
affect  the  flow.  [*  cr'ii  es  fne  small  early  rise  in  heat  transfer  but  is  not 
strong  eriougti  to  prodnu-  transition  to  fully  turbulent  flow.  At  higher  Reynolds 
nuiiibers  it  dominates  tne  transition  process  as  shov/n  in  tne  lower  half  of  Figure  6. 

T*’(r  ii'ansitiori  pstt'  a  at  ,  '  2^''  :  .  ■  nown  for  low  a::  l  'iin!i  Reyi,  iCS  rsn'';  jfS 
in  Firjure  'd.  We  sen'  the  iwc  patterr.s  previously  observed  oy  Holden  Put.  teiw  wo 
ac.n  dssociat.i  tnoiii  with  a  change  i.n  the  character  ci  the  Icinsition  process. 

(.Data  tor  rjtrier  .angles  of  .ittar.K  have  r.ut  been  analyzed  in  aetail  but  apg'e,  r  to 


exhibit  similar  behavior.)  Stetson's  observation  that  the  high-Reynolds  number 
data  is  asymmetrical  is  not  borne  out  by  the  data  shown  here. 


PRELIMINARY  DISCUSSION 


It  seems  that  two  different  kinds  of  phenomena  can  play  a  role  in  boundary- 
layer  transition  on  sphere-cones.  In  Figure  7  the  crossover  from  one  to  the 
other  occurs  at  a  value  of  nose  Reynolds  number 


3.4  X  10^ 

N ,  S  S  m  N  S 


where 


Pg  =  density  at  the  stagnation  point 


=  limiting  velocity 
=  nose  radius 

N 

y  =  viscosity  at  the  stagnation  point 
s 


This  value  of  Re  corresponds  to  a  unique  value  of  momentum-thickness 

^  f  o 

★ 

Reynolds  number  at  the  sonic  point  on  the  nose,  in  this  case  Re  70,  somewhat 

6 


lower  than  Stetson's  value  of  Re^  %  100. 

The  crossover  point  between  the  two  transition  regimes  may  also  be  related 
to  a  particular  stage  in  the  entropy-layer  swallowing  process  on  the  cone. 

Figure  10  illustrates  the  entropy-layer  swallowing  process  for  this  model  at 
a  =  0,  based  on  calculations  performed  with  the  GE  Three  Dimensional  Viscous  Code 
(reference  4).  The  similarity  parameter  used  for  the  abscissa  collapses  the 
calculations  over  the  full  range  of  nose  radii  and  Reynolds  numbers  onto  a  single 
curve.  This  curve  describes  the  decay  of  boundary-layer-edge  entropy  from  the 
initial  normal-shock  value  towards  the  free-stream  value.  At  the  point  where  the 
transition  data  switches  between  the  two  curves  in  Figure  7,  we  have 
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X  10' 


S/Rj,  35  (mean  value) 


so  that 


(S/R^)  (Re^  J'3  0.5 

N  NfS 


This  value  is  indicated  in  Figure  10  and  is  located  roughly  at  the  beginning  of 
the  steep  portion  of  the  decay  curve.  It  may  be  that  transition  is  triggered 
differently  where  the  entropy  layer  is  being  rapidly  swallowed  than  where 
swallowing  has  hardly  begun. 

Note  that  the  distinction  between  the  two  kinds  of  behavior  may  also  be  made 
on  the  basis  of  bluntness.  For  cones  with  <  25,  only  the  high-Reynolds 

number  regime  should  be  expected,  and  the  transition  front  at  incidence  will  look 
like  the  lower  graph  in  Figure  9. 


COMPARISON  WITH  FLIGHT  DATA 


Reference  5  presents  a  large  number  of  measurements  of  boundary-layer  tran¬ 
sition  on  R/V's  during  reentry.  For  comparison  with  wind  tunnel  data  we  have 
selected  a  subset  of  these  measurements  so  as  to  minimize  the  effects  of  blowing 
due  to  ablation.  These  are  the  vehicles  with  graphite  noses  and  beryllium  frusta 
The  characteristic  Reynolds  number  used  in  Reference  5  was 

Re„  =  P  u  S  /  p 

S  e  e  e 

evaluated  at  X  =  ZR^^  back  of  the  stagnation  point.  At  the  wind  tunnel  test  con¬ 


di tions , 


Re  y  0.32  Re 


and  the  wind  tunnel  data  may  simply  be  expressed  in  terms  of  the  flight  test 
parameter.  This  has  been  done  in  Figure  11,  where,  except  for  two  flight  points 


at  the  highest  Reynolds  number,  the  agreement  between  flight  and  ground  tests  is 
remarkably  good.  To  speculate  again,  one  possible  interpretation  of  these  data 
is  that  only  "normal"  transition  (curve  1  in  Figure  7  and  11)  is  seen  in  flight 
and  that  early  transition  (curve  2  in  Figure  7  and  11)  occurs  only  in  wind  tunnels. 
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FIGURE  1.  STETSON'S  (REF.  1)  TWO  FLOW  REGIMES  FOR  TRANSITION 
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FIGURE  2.  BLUNTED-CONE  TRANSITION  CORRELATION  (HILL,  1973) 
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FIGURE  3.  TRANSITION  FRONT  SHAPES  OBSERVED  BY  HOLDEN  (REF.  3) 


FIGURE  4.  LAYOUT  OF  COAXIAL  THERMOCOUPLES  ON  MODEL 
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FIGURES.  HEAT  TRANSFER  RISE  AT  TRANSIT  ION  (a  =  0,  270‘'  RAY) 
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Figure  16  illustrates  the  possible  heating  scenarios  that  could  occur  during 


a  wind  tunnel  run.  Figure  17  shows  a  schematic  of  the  internal  model  hardware. 
The  model  shell  was  fabricated  of  aluminum  with  a  steel  nosetip.  To  prevent  the 
flow  of  heat  from  the  stagnation  point  into  the  balance,  a  ceramic  insulator  was 
placed  between  the  junction  of  the  model  shell  and  the  balance.  A  beryllium- 
copper  shield  surrounded  the  balance  and  absorbed  heat  from  gas  flowing  into  the 
model  base  cavity  as  well  as  heat  which  would  radiate  from  the  model's  inner 
surface.  Another  ceramic  insulator  was  seated  between  the  sting  and  the 
beryllium-copper  shell.  To  prevent  heat  flow  up  the  sting  originating  from  the 
"hot  spot"  produced  by  bow  shock  impingement,  the  sting  was  manufactured  with  an 
outer  protective  sleeve.  A  .005  inch  air  gap  between  the  sleeve  and  the  sting 
insulated  the  sting  from  any  heat  flow.  Base  plates  were  also  added  to  the 
model  to  further  reduce  sting-base  effects  as  well  as  increase  thermal  pro¬ 
tection  for  the  balance.  Figure  18  is  a  photograph  of  all  the  model  hardware. 

Wind  tunnel  tests  were  conducted  to  insure  that  no  balance  heating  would 
occur  during  testing.  A  dummy  balance  shown  in  figure  19  was  manufactured  with 
similar  dimensions  as  the  actual  balance,  and  thermocouples  were  placed  at  the 
gage  sections.  The  model  hardware,  dummy  balance,  and  the  dogleg  sting  were 
mounted  in  the  tunnel  and  pitched  from  45  -  90  degrees  at  supply  pressure  of  380 
and  100  psia.  Tliere  was  no  change  in  the  balance  temperature  during  either  run 
indicating  that  the  balance  had  adequate  thermal  protection. 


■  c  5.AB^..TY  '7ERIFICAT!0r;  T;  O'S 

following  the  tunnel  cal i ora r ions  at  the  new  extended  operating  conditions, 
r'l-.  pt  verification  tests  were  '■■onducted  on  a  six-men  sphere-cone  model. 
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MODEL  AND  STING  DESIGN 


Traditionally,  Tunnel  9  tests  are  conducted  with  full-scale  models  with  tne 
intent  of  simulating  the  highest  Reynolds  number  possible.  For  high  altitude 
testing,  it  is  highly  desirable  to  use  subscale  models  in  order  to  decrease  the 
simulated  flight  Reynolds  number.  Decreasing  model  size,  however ,  makes  accurate 
force  and  moment  measurements  more  difficult.  Very  small  subscale  models  (less 
than  1  foot  length)  had  never  been  tested  in  Tunnel  9  before  so  special  atten¬ 
tion  had  to  be  paid  in  the  design  of  the  model  and  sting  hardware.  Furthermore, 
ang1os-of-attack  greater  than  50  degrees  had  not  been  tested  which  equally  com- 
pl icated  the  design. 

Because  the  Tunnel  9  pitch  mechanism  allows  for  a  maximum  sweep  of  50 
degrees,  two  separate  pitch  sweeps  were  required  to  obtain  data  for  the  full 
0-90  degree  angle  of  attack  range.  Figure  14  shows  a  picture  of  the  straight 
sting  which  allowed  a  pitch  sweep  from  0-45  degrees,  and  figure  15  illustrates 
the  dogleg  sting  that  allowed  a  sweep  from  45  -  90  degrees.  The  sting  to  model 
base  diameter  ratio  for  both  stings  was  .3  and  the  distance  to  the  nearest  sting 
diameter  increase  was  five  base  diameters.  These  dimensions  were  based  on  sug¬ 
gestions  found  in  reference  8  to  minimize  sting  interference  effects. 

A  miniature  semiconductor  strain  gage  balance  was  used  to  measure  static 
forces  and  moments.  From  balance  calibrations  the  accuracy  was  determined  to 
tie  r.OQi  lbs.  in  pitch  and  yaw.  Because  the  model  was  to  be  pitched  to  90 
degrees  a n g  1  e -of-attack ,  and  run  times  would  be  approximately  20  seconds, 
significant  heat  transfer  to  the  model  sting  assembly  would  occur  during  testing 
Thi^reforo,  special  model  hardware  had  to  be  designed. 
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TUNNEL  CALIBRATION 


With  the  new  Tunnel  9  operating  conditions,  flowfield  surveys  were  taken  to 
determine  flow  quality.  Figure  11  illustrates  the  test  section  calibration 
hardware.  A  pitot  tube  and  a  fine-wire  thermocouple  were  mounted  on  the  Tunnel -9 
traversing  probe  (see  ref.  5).  The  probe  took  data  spanning  the  vertical  direc¬ 
tion  from  the  nozzle  centerline  to  seven  inches  from  the  nozzle  wall.  Also 
mounted  in  the  test  section  were  two  fixed  pitot  tubes,  PTS  and  PTN,  and  a  nine 
tube  pitot  rake  that  spanned  the  horizontal  direction  (PTl  -  PT9). 

Figure  12  is  a  plot  of  normalized  pitot  pressure  vs.  radial  distance  in  the 
test  section  for  a  supply  pressure  of  380  psi.  There  is  very  good  agreement 
between  the  fixed  pitot  and  the  traversing  pitot.  These  measurements  repeat 
data  documented  in  reference  1.  Similar  data  were  obtained  at  supply  pressures 
of  100  psi  and  60  psia  at  two  axial  locations  in  the  test  cell.  Uniformity 
between  axial  locations  was  found  to  be  excellent.  Values  for  test  core  diameter 
decreased  as  supply  pressure  decreased  due  to  thickening  of  the  nozzle  wall 
boundary  layer.  Figure  13  is  a  plot  of  test  core  diameter  vs.  freestream 
Reynolds  number.  At  a  supply  pressure  of  60  psi  the  freestream  Reynolds  number 
is  about  50,00n/ft.  The  fine-wire  thermocouple  data  were  reduced  using  methods 
in  references  6  and  7.  Preliminary  results  indicate  agreement  to  within  10%  of 
the  temperature  measured  at  the  nozzle  throat.  Further  analysis  of  that  data  is 


the  time  required  would  cause  an  undesirable  heat  soak  into  the  heater  insulation. 
Modification  of  hardware  would  be  costly  and  complex.  Another  alternative  con¬ 
sidered  was  to  operate  the  heater  in  a  compression  heating  cycle. 

Figure  7  is  a  pictorial  description  of  compression  heating.  During  normal 
heater  operation  cold  driver  vessel  gas  enters  the  base  of  the  heater  at  the 
sa^iie  pressure  as  the  hot  gas.  During  compression  heating  the  cold  gas  enters 
at  a  significantly  higher  pressure  so  as  to  compress  the  hot  gas.  The  com¬ 
pression  process  is  accomplished  in  1  to  2  seconds,  is  nearly  isentropic,  and 
raises  the  temperature  of  the  hot  gas  by  several  hundred  degrees,  depending 
on  the  compression  ratio.  Figure  8  shows  a  plot  of  heater  temperature  vs.  time 
during  a  compression  heating  run.  An  advantage  of  compression  heating  is  that 
gas  in  the  horizontal  elbow,  which  is  not  affected  by  the  initial  heating  with 
the  carbon  element,  also  increases  in  temperature  during  the  compression  cycle, 
thereby,  increasing  the  wall  temperature  of  the  elbow  as  well.  Fleat  transfer  to 
the  wall  from  the  subsequent  heater  gas  is  reduced  because  the  thermal  gradient 
is  reduced.  One  problem,  however,  is  that  the  elbow  temperature  increases  and 
decreases  rapidly  during  the  compression  cycle  causing  undesirable  thermal 
stresses  in  the  elbow  materials.  As  a  result,  cooling  of  the  elbow  was  required 
during  the  compression.  Figure  9  graphically  illustrates  the  elb..w  temperature 
for  normal  fieater  operation  and  compression  heating  with  and  without  cooling. 

The  result  of  compression  heating  was  a  signficant  increase  in  nozzle 
supply  temperature.  Different  compression  ratios  were  tried  and  the  optimum 
was  found  to  be  1.8.  Higher  compression  ratios  (3  and  4)  were  tried  but  because 
of  the  large  reduction  in  hot  gas  volume  and  the  mixing  of  the  cold  and  hot 
gases,  very  short  run  times  were  observed  with  varying  tunnel  conditions. 

Figure  10  illustrates  the  increase  in  supply  temperature  with  compression  heating 
vs.  supply  pressure. 
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from  the  top  of  the  heater,  through  the  horizontal  elbow,  and  into  the  throat 
area.  The  flow  restrictor  serves  two  purposes.  It  reduces  the  strength  of  the 
rarefaction  wave  travelling  into  the  heater  caused  by  the  abrupt  diaphragm 
rupture,  and  it  reduces  the  pressure  from  that  in  the  heater  to  the  desired 
tunnel  supply  pressure.  A  particle  separator  is  located  downstream  of  the  flow 
restrictor  to  remove  any  particles  or  diaphragm  fragments  that  may  be  in  the 
flow.  As  the  hot  gas  exits  the  top  of  the  heater,  cold  gas  enters  the  base  of 
the  heater  and  acts  as  a  fluid  piston  to  drive  the  hot  gas.  Normally,  the  cold 
gas  which  is  stored  in  the  driver  vessels  enters  the  heater  at  the  same  pressure 
as  the  hot  gas  leaving  the  heater. 

High  Reynolds  number  operation  of  Tunnel  9  at  Mach  14  begins  with  the 
heater  at  20,000  psi  and  3300°F.  The  heater  vessel  and  diaphragm  area  are 
fortified  with  large  amounts  of  metal  to  structurally  withstand  the  severe 
operating  conditions.  At  a  supply  pressure  of  20,000  psi,  the  final  temperature 
at  the  nozzle  throat  is  slightly  less  (3200°F)  because  of  small  heat  losses  into 
the  surrounding  metal.  However,  as  the  supply  pressure  decreases,  the  mass  flow 
also  decreases,  and  the  heat  losses  have  a  greater  effects  on  the  gas  temperature. 
Figure  6  shows  a  plot  of  nozzle  supply  temperature  vs.  supply  pressure.  At  a 
supply  pressure  of  100  psia,  the  supply  temperature  decreases  from  3300°F  in  the 
heater  to  1250°F  at  the  nozzle  throat.  Most  of  the  heat  is  lost  into  the  large 
amounts  of  metal  surrounding  the  elbow  and  diaphragm  sections. 

With  trie  additional  ejector  stage,  operation  of  Tunnel  9  below  supply 
pressures  of  100  psia  was  now  possible.  However,  lower  pressures  wonU'  result 
in  a  loss  of  supply  temperature  and  condensation-free  flow  would  not  be  achieved. 
Therefore,  tunriel  supply  temperature  would  have  to  be  increased.  The  carbon 
heater  element  could  heat  the  gas  initially  to  a  higher  temperature,  however. 
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Figure  4  shows  a  plot  of  sphere  pressure  vs.  tunnel  supply  pressure  indicatinq 
the  minimum  sphere  pressure  for  tunnel  start-up.  The  chart  shows  that  for 
supply  pressures  below  100  psia  the  sphere  pressure  would  have  to  be  less 
than  1  torr  (.02  psia). 

The  vacuum  sphere  is  evacuated  by  a  series  of  four  centifugal  compressors 
and  a  supersonic  ejector.  The  compressor  plant  alone  can  pump  the  sphere  to 
a 'oroximately  3  torr  before  surging  begins  in  the  fourth  compressor.  The 
ejector  operates  by  allowing  external  atmospheric  air  to  flow  through  supersonic 
nozzles  into  a  constant  area  mixing  duct.  The  high-energy  supersonic  air 
entrains  the  flow  from  the  sphere  at  low  pressure  and  delivers  a  higher  total 
mass  flow  at  a  higher  pressure  to  the  plant.  The  plant  along  with  a  single 
ejector  can  evacuate  the  sphere  to  approximately  1  torr. 

In  order  to  get  lower  initial  test  cell  pressure,  a  second  ejector  was 
designed  and  installed  between  the  sphere  and  the  existing  ejector  (see  ref.  3). 
Modifications  were  also  made  to  the  first  ejector  to  achieve  maximum  efficiency 
from  the  two-stage  system.  Pump-down  sequences  of  the  two-stage  ejector  produced 
sphere  pressures  of  approxir-  jly  .25  torr  (.005  psia).  With  this  lower  sphere 
pressure  the  tunnel  could  now  be  operated  at  a  lower  supply  pressure.  Figure  4 
indicates  the  tunnel  could  start  with  a  supply  pressure  as  low  as  30  psia. 


COMPRESSION  HEATING 


Figure  5  shows  a  diagram  of  the  heater,  diaphragm  and  nozzle  throat  sections 
of  Tunnel  9.  Prior  to  a  wind  tunnel  run,  the  hot  pressurized  gas  in  the  heater 
is  separated  from  the  low  pressure  test  section  by  a  series  of  metal  diaphragms 
upstream  of  the  nozzle  throat.  The  diaphragms  are  ruptured  and  hot  gas  flows 
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4.0E  +  05  to  2.0E  +  07).  Nozzle  supply  pressures  ranged  from  1000  psia  to  20,000 
psia  corresponding  to  altitudes  ranging  from  70,000  ft  to  120,000  ft  at  Mach  14 
and  from  40,000  ft  to  120,000  ft  at  Mach  10  (fullscale).  In  1982,  test  objec¬ 
tives  required  a  higher  altitude  simulation  at  Mach  14.  Tunnel  9  had  to  be 
operated  at  lower  supply  pressure  thereby  producing  lower  Reynolds  numbers. 
However,  the  existing  compressor  plant  could  not  maintain  a  low  enough  sphere 
pressure  for  tunnel  start-up.  A  supersonic  ejector  was  added  in  series  with  the 
compressor  plant  which  enabled  the  tunnel  to  operate  at  a  supply  pressure  of 
100  psia  (Re/ft  =  90,000). 

Average  run  time  in  Tunnel  9  at  Mach  14  is  a  function  of  supply  pressure. 

For  a  typical  high  Reynolds  number  (4.0E  +  06/ft)  run,  the  time  from  diaphragm 
rupture  to  flow  breakdown  is  about  1.3  seconds  with  nearly  0.8  seconds  of  steady 
condensation-free  flow.  Figure  3  graphically  illustrates  the  timing  sequence 
for  a  Tunnel  9  run.  For  this  operation  the  run  time  is  dictated  by  the  initial 
volume  of  hot  gas  in  the  heater.  At  the  lower  Reynolds  number  (l.OE  +  05), 
steady  condensation-free  flow  can  last  as  long  as  20  seconds  because  the  mass 
flow  is  small  and  the  heater  volume  is  large.  In  this  case  the  run  time  is 
limited  by  the  sphere  pressure  increasing  to  a  level  where  the  hypersonic  nozzle 
expansion  cannot  be  maintained. 


TWO-STAGE  EJECTOR 

Jo  decrease  the  Re/noMs  number  in  the  test  cell,  the  tunnel  would  have 
ti)  nperctp  at  .i  lower  supply  j)ressure.  The  minimum  supply  pressure  for  tunnel 
start-up'  is  (jovf.'rned  by  the  diffus'^r  efficiency,  n,  which  is  equal  to  the 
ratio  of  the  vacuum  sphere  pressure,  Psph  to  the  test  cell  pitot  pressure,  Poj. 
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Tests  on  a  subscale  sphere-cone  model  pitched  from  0  to  90  degrees  angle- 
of-attack  were  used  to  test  the  new  tunnel  capabilities.  The  subscale  model 
effectively  decreased  the  Reynolds  number  simulation  further  through  model 
length  scaling.  Figure  1  illustrates  the  Reynolds  number  simulation  for 
Tunnel  9.  Details  of  the  new  tunnel  capability  and  the  verification  tests 
are  described  below. 


HYPERVELOCITY  WIND  TUNNEL  9  OPERATION 


The  Hypervelocity  Wind  Tunnel  9  is  a  blowdown  facility  that  can  be  operated 
at  either  Mach  10  or  14.  The  tunnel  has  a  five-foot  diameter  test  cell  and  uses 
nitrogen  as  the  working  fluid.  Generally,  the  operation  of  Tunnel  9  is  as 
follows.  Prior  to  each  wind  tunnel  run,  a  fixed  volume  of  nitrogen  is  simul¬ 
taneously  heated  and  pressurized  in  the  heater  vessel.  The  test  section  and 
vacuum  sphere  are  evacuated  to  a  low  pressure  and  are  separated  from  the  heater 
vessel  by  a  series  of  metal  diaphragms.  When  the  nitrogen  in  the  heater  reaches 
the  proper  temperature  and  pressure,  the  diaphragms  are  ruptured  and  the  gas 
flows  out  of  the  top  of  the  heater  and  expands  through  the  nozzle.  As  the  hot 
nitrogen  exits  the  heater,  cold  gas  from  pressurized  driver  vessels  is  allowed 
to  enter  the  bottom  of  the  heater.  The  cold  gas  drives  the  hot  gas  at  a 
constant  pressure  in  a  piston-like  fashion  and  allows  constant  supply  conditions 
to  be  maintained  for  a  relatively  long  period  of  time  compared  to  impulse 
facilities.  Models  can  be  swept  through  angles  of  attack  from  0  to  50  degrees 
during  the  steady  flow  period. 

Traditionally,  Tunnel  9  has  been  operated  as  a  high  mass  flow,  high  Reynolds 


number  facility  (Mach  14,  Re/ft  =  4.0E  +  05  to  4.0E  +  06,  Mach  10,  Re/ft  = 


INTRODUCTION 


In  the  last  two  decades  the  high  altitude,  high  angle-of-attack  aerodynamics 
of  reentry  vehicles  travelling  at  hypersonic  speeds  have  been  of  considerable 
interest  to  the  strategic  community.  Accurate  simulation  of  the  high  altitude 
environment  in  a  ground  test  facility  has  been  difficult.  At  a  given  Mach 
number,  altitude  simulation  increases  as  Reynolds  number  decreases.  In  1982, 
the  operation  of  the  Mach  14  leg  of  the  Naval  Surface  Weapons  Center  Hypervelocity 
Wind  Tunnel  9  was  modified  so  that  a  Reynolds  number  as  low  as  90,000/ft  could 
be  attained  in  the  test  cell  (see  ref.  1).  The  new  high  altitude  capability 
supported  tests  in  which  porous  blowing  models  simulated  asymmetric  heatshield 
outgassing  (see  refs.  1  and  2).  At  this  low  Reynolds  number  the  tunnel  supply 
pressure  was  100  psia  and  the  Mach  number  was  13.1. 

In  March,  1984  two  facility  modifications  allowed  Tunnel  9  to  operate  at 
a  lower  freestream  Reynolds  number  of  50,000/ft.  First,  a  second  supersonic 
ejector  was  incorporated  in  the  vacuum  system  to  maintain  a  lower  test  section 
pressure  so  that  Tunnel  9  could  be  operated  at  a  lower  supply  pressure  of  60 
psia.  Secondly,  the  tunnel  heater  was  operated  in  a  "compression  heating" 
mode  which  provided  for  an  increased  tunnel  supply  temperature.  Pressure  and 
temperature  surveys  of  the  flowfield  were  obtained  and  the  test  core  was  found 
to  maintain  its  uniformity  at  the  new  operating  conditions. 
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NOMENCLATURE 


a  =  Angle-of-attack 

n  =  Diffuser  efficiency,  Psph/Po^ 

Po  =  Tunnel  supply  pressure 

POj  =  Test  section  pitot  pressure 

Psph  =  Sphere  pressure 

P^  =  Pitot  pressure 

Re/ft  =  Freestream  Reynolds  number 

Re  L  =  Reynolds  number  based  on  model 
length 

Tq  =  Tunnel  supply  temperature 

XCP/L  =  Center-of-pressure  location 

normalized  by  model  length 
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ENTROPY  RISE  AT  B.L.  EDGE  ASIR 


(REFERENCE  ENTROPY  IS  FREE  STREAM  VALUE) 


NORMAL 

SHOCK 


WETTED  LENGTH  SIMILARITY  PARAMETER  (S/R,^)  (Re^  s) 


FIGURE  10.  ENTROPY  LAYER  SWALLOWING  (GE  3-D  VISCOUS  CODE) 


FIGURE  9.  TRANSITION  FRONT  SHAPE  AT  ANGLE  OF  ATTACK 


Three  Reynolds  numbers  were  tested  and  static  forces  and  moments  were  measured. 
The  anq  le-of-attack  ranqed  from  0-90  degrees.  The  following  is  a  matrix  of 
tost  conditions: 


RUN 

(poi ) 

Re/ ft 

Mach 

a 

Rcl  (model  length) 

1 

iHO 

100,000 

13.  :> 

0  -  45 

90,000 

') 

3HO 

180,000 

13.2 

45  -  90 

90,000 

3 

TOO 

80,000 

13.0 

0-45 

40,000 

4 

100 

80,000 

13.0 

45  -  90 

40,000 

S 

GO 

50,000 

12.0 

0  -  45 

‘25,000 

(, 

60 

50,000 

12.  9 

45  -  90 

25,000 

figure  20  shows 

normal  force  coefficient 

VS.  angle 

-of-attack  at  a  supply  pressure 

of  60  |)sia  (Re^ 

-  25,000) 

Data 

obtained 

for  the 

other  two  conditions  agreed  wi tl 

tiie  60  psid  data  within  the  experimental  accuracy.  Results  (see  ref.  2)  for  the 
same  configuration  at  Re|_  =  360,000  are  plotted  for  comparison.  Data  obtained 
at  the  lower  Reynolds  number  seems  to  be  consistent  with  other  data  at  the 
hi(jher  Reynolds  number.  Figure  21  shows  normalized  center-of-pressure  vs. 
tinf)le-of-attack  at  Re|  -  25,000.  Again,  results  from  reference  2  are  plotted 
and  appear  consistent,  further  data  analysis  is  also  ongoing. 

smmRy 

The  capabilities  of  the  NSWC  llypervel oci ty  Wind  Tunnel  9  have  been  extended 
to  si  mu  late  hi(|tier  altitudes.  A  second  ejector  has  been  installed  to  allow 
o|)eration  at  a  supply  pressure  of  60  psia.  Compression  heating  has  been  used 
to  increa'.e  the  supply  temperature.  High  quality  flow  is  obtained  in  a  larg(' 
core  di.iiiK'ter.  Static  forces  and  moments  on  a  subscale  model  have  been  success¬ 
fully  iiieasure(l  in  a  series  of  verification  tests. 
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FIGURE  2.  HYRERVELOCITY  TUNNEL  NO.  9 


FIGURE  3.  TIME  SEQUENCE  OF  EVENTS  FOR  TUNNEL  9 
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FIGURES.  TUNNEL  9  VERTICAL  HEATER  AND  FLOW  PASSAGE  ARRANGEMENT 


FIGURE  6.  SUPPLY  TEMPERATURE  w$.  SUPPLY  PRESSURE 


TIME  (sec) 


FIGURE  8.  HEATER  TEMPERATURE  WITH  COMPRESSION  HEATING 
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FIGURE  9.  ELBOW  TEMPERATURE  FOR  DIFFERENT  MODES  OF  HEATER  OPERATION 
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FIGURE  10.  SUPPLY  TEMPERATURE  wi.  SUPPLY  PRESSURE 
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I’quiit,inn  (1)  is  solved  first  for  the  uumd  flow  (|uantities.  Next  the 
tu rhii  I eiiiicit  i ons  (1^)  are  solved  lor  k  and  t,  usin')  the  just  computed 
mean  flow  quantities.  The  turbulent  viscosity  is  related  to  the  turbulent 

kinetic  energy,  k  and  the  turbulent  dissipation  rate,  e.  and  is  computed  then 
as  follows: 


u 


t 


C 

u 


(3) 


This  becomes  the  input  in  equation  (1)  which  is  solved  for  the  mean  flow 
variables.  This  process  is  continued  at  each  time  step  until  steady  state 
results  are  achieved.  The  solution  procedure  of  the  turbulence  field  equa¬ 
tions  laq  that  of  the  mean  flow  equations  by  one  time  step.  Calculations  are 
extended  up  to  the  wall  and  k  -  e  =  0  are  used  at  the  wall.  In  the  outer  far 

field  boundary,  zero  derivatives  of  k  and  e  i.e.,  ^  ~  =  0  are  used.  First 

dC  dl, 

order  extrapolation  is  usually  used  at  the  other  boundaries. 


IV.  Results 


Numerical  computations  have  been  made  for  transonic  turbulent  flow  over 
an  axisymmetric  projectile.  Both  the  algebraic  and  the  two-equation  k-e  eddy 
viscosity  turbulence  models  were  used.  Computed  results  are  presented  in  the 
form  of  surface  pressure  plots,  velocity,  turbulent  kinetic  energy,  turbulent 
dissipation  rate  and  turbulent  eddy  viscosity  profiles.  Comparison  with 
experimental  data  has  been  made  to  assess  the  performance  of  both  turbulence 
model s . 

All  the  computed  results  shown  are  for  a  -  0°,  Re  =  13  x  10^/m  and  M  = 
0.94  and  0.97.  Numerical  results  are  compared  with  experimental  measure¬ 
ments^^’  performed  for  the  same  shape  in  the  NASA  Langley  Research  Center  8 
foot  Transonic  'Pressure  Tunnel. 

The  model  geometry  is  shown  in  Figure  1.  It  is  an  artillery  projectile 
consisting  of  a  secant-ogive  nose,  a  cylindrical  mid-section  and  a  7^  conical 
afterbody  or  boattail  of  half  a  caliber  (one  caliber  =  one  diameter). 

The  computational  grid  used  for  the  numerical  computations  was  obtained 
froi't  a  versatile  grid  generation  program  developed  by  Steger  et  al^^.  This 
i)ro()ram  allows  arbitrary  grid  point  clustering  thus  enabling  grid  points  to  be 
clustered  near  the  body  surface.  The  full  grid  is  shown  in  Figure  2.  The 
computat i onal  domain  extended  to  four  model  lengths  in  front,  four  model 
lentjths  in  the  normal  direction  and  four  model  lengths  behind  the  projectile. 
Such  an  extended  domain  is  used  to  eliminate  the  possibility  of  any  wave 
reflection  back  on  to  the  model.  The  grid  consists  of  78  points  in  the  longi¬ 
tudinal  direction  and  40  points  in  the  normal  direction.  An  expanded  view  of 
tlie  grid  near  the  model  is  shown  in  Figure  3.  The  dark  region  near  th.  model 
surface  results  from  clustering  of  grid  points  which  are  needed  to  resolve  the 
viscous  boundary  layer  region.  The  grid  points  in  the  normal  direction  were 
exponentially  stretched  away  from  the  surface  with  a  minimum  spacing  at  the 
wall  of  .00002  0.  This  spacing  locates  at  least  two  to  three  points  within 
rhe  laminar  sublayer.  flustering  in  the  longitudinal  direction  was  used  at 
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sit-y  of  findimi  the  outer  edqe  of  the  boundary  layer.  The  details  of  the 
model  Odti  be  foiled  in  Reference  H. 


[^. _ Two-Equation  Model 

The  two-equation  model  used  here  is  Chien's^  k-e  model  which  is  similar 
to  that  of  Jones  and  Launder^^.  To  be  consistent  with  the  mean  flow  equa¬ 
tions,  the  turbulent  kinetic  energy  and  dissipation  rate  equations  have  been 
transformed  to  a  body-fitted  coordinate  system.  These  equations  are  also 
marched  in  time  to  obtain  a  steady  state  solution.  These  equations  can  be 
written  in  a  form  similar  to  Equation  (1), 


DG, 

Jt 

^  30, 

Re 


(2) 


,  ?  ,  2  ,  .2w^t  ^  ^  ak 


1  ,  J  2  2,/t  ^  ,  dc 

I  ' 'x  y  z' 'o^  ^  9C 


0 

0 

H  =  pV[R^(U  -  +  R^(W 

-pVR  (V  -  n^)  -  p/R 

0 


0 

2  2  2 

ufc  +  c  +  C  )u  +  (u/3)(c  u  +  CV  +  i;w)(; 

^  X  y  c,  c  y  C  z  c'  x 

2  2  2 

11(1;  +  C  +  C  )v  +  (u/3)(c  u  +  c  V  +  c  w  )cy 

'  X  y  x'  ^  X  ^  y  ^  z  c,' 

2  2  2 

I.{c,  ♦  Sy  t  C,)w^  t  (u/3)(?^u^  t  t 

((4  *  4  *  *■  *  ^Pr'^Y  -  l)‘’(a4^] 

+  (u/3)(c^u  +  c^v  + 

The  velocities 

U  =  4.  +  Cu  +  Cv  +  Cw 
t  X  y  z 

V  =  n.  +  nu  +  riv  +  riw 

t  X  y  z 

“  '  S  *  S"  *  S"  *  ‘z“ 

represent  the  cont ravari ant  velocity  components.  Equation  (1)  is  solved  in  a 
time  asymptotic  fashion  with  interest  only  in  the  steady-state  solution.  The 
numerical  algorithm  used  is  a  fully  implicit,  approximately  factored  finite 
difference  scheme.  The  algorithm  is  first  order  accurate  in  time  and  fourth 
order  in  space.  Details  of  the  assumptions  and  the  algorithm  are  included  in 
References  5-7.  For  turbulent  flows,  p  and  <  consist  of  their  molecular  and 
the  turbulent  counterparts  (p^  and  k^). 

1 1 1 .  Turbu 1 ence  Model  s 

A. _ Algebraic  Model 

The  algebraic  eddy  viscosity  model  used  is  that  developed  by  Baldwin  and 
Lomax^.  It  is  a  two-layer  model  in  which  an  eddy  viscosity  is  calculated  for 
an  inner  and  an  outer  region.  The  inner  region  follows  the  Prandtl-Van  Driest 
formulation.  In  both  the  inner  and  outer  formulations,  the  distribution  of 
vorticity  is  used  to  determine  the  length  scales  thereby  avoiding  the  neces- 
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Int  rodiict  i  on 


Tho  critical  aerody ''laini c  bedavior  of  projectiles  occurs  in  the  transonic 
cpeed  reqinie.  This  can  oe  attributed  to  the  complex  shock  structure  which 
.exists  on  the  pro.iectiles  at  transonic  speeds.  The  flow  field  for  such  cases 
’s  LOCi,ilex  due  to  stroru]  v  i  scous/i  nv  i  sc  i  d  and  shock/boundary  layer  inter- 
acticjns.  It  is  advantaqeous  to  use  the  Navier-Stokes  coinputat  i  onal  techniijut' 
s:riro  It  tvinviders  these  interactions  in  a  fu  i  ly-cou  pi  eel  manner.  This  te'chri- 
;i.e  nas  .oei-n  ..sen*  to  predict  the  flow  about  slender  bodies  of  revol ..t  i  uc  o. 
transonic  soeens. 

tin  important  eleiiiefit  of  calculating  such  flows  described  above  is  the 
turbulence  modeling.  The  simplest  model  is  the  algebraic  eddy  viscosity 
model.  However,  it  contains  a  large  amount  of  empiricism  that  may  not,  in 
qe-'eral  ,  be  v.ilid  tor  complex  flows.  Another  class  includes  the  two-equation 
model  wnicti  rias  been  popular  tor  its  less  iinpiricism  and  wider  applicability 
to  a  class  of  complex  tl.ui  flow  problems.  A  need  exists  for  a  general  turbu¬ 
lence  mocel  to  compu,.c  the  transonic  turbulent  flows  especially  in  the 
uciisencri  or  larcje  separated  region  and  using  such  a  model  in  a  thin-layer 
Hav ier-Sto<es  code  would  tiuis  be  an  important  advance.  Implicit  algorithms 
"h.-p,  u  1  ,:iu  i  t  aneou  s  1  y  solve  the  mean  flow  equations  can  be  extended  to  solve  the 
tur:,i’t>nce  field  equations  using  block  tridiaqonal  matrix  inversions.  The 
cbjective  .)f  this  (imposed  paper  is  to  incorporate  into  a  thin-layer,  time 
'leperd,.' It  ‘civ  I  er-StoKes  code,  a  two-equation  turbulence  model  which  uses  the 
■■..icie  iTiiilicit  .algorithm  and  generalized  geometry. 


1 1 .  Computational  T^h n i que 

Tr  ■  r\z  i; ’.uthdl  Invariant  (or  Generalized  Axi  symmetric)  thin-layer  Navier- 
S’.Kos  ‘-'luations  for  iieneral  spatial  coordinates  C,  n,  c  can  be  written  as^ 


<1  t  j,L  ^  0  G  +  H  ■  Re  S 
f  u  C  C 


(1) 


-  Tvx./.z.t)  IS  the  longitudinal  coominate 
,  ,(x,v,/,t)  IS  the  near  normal  coordinate 

t  is  the  time 
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Abstract 


A  thin-layer  Navi er-Stokes  code  has  been  used  to  compute  the  axi symmet ri c 
tirbulent  flow  over  a  projectile  at  transonic  speeds.  The  thin  layer  form  of 
the  compressible  Navier-Stokes  equations  is  solved  using  a  time  dependent, 
implicit  numerical  algorithm.  Numerical  computations  have  been  made  using 
zero-equation  (algebraic)  and  two-equation  (kinetic  energy  and  length  scale) 
turbulence  eddy  viscosity  models.  The  algorithm,  and  how  the  turbulence 
•lodels  are  incorporated  into  it,  are  described.  Computed  results  have  been 
obtained  for  a  secant-ogi ve-cyl i nder-boattai  1  shape  at  M^  =  .94  and  .97  using 
both  models  and  are  coiiipared  with  experiment. 
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FIGURE  21.  XCP/Lv) 
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FIGURE  16.  SOURCES  OF  BALANCE  HEATING  AT  HIGH  ANGLES  OF  ATTACK 
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FIGURE  13.  CORE  DIAMETER  vs.  REYNOLDS  NUMBER 


X/D  =  3.2  and  5.3,  the  ogive  and  boattai)  junction  respectively  where  appreci¬ 
able  charuies  in  the  flow  variables  are  expected.  The  projectile  base  was 
i!iodeled  <)s  an  extension  of  the  7.Q'’  boattail  for  a  distance  of  two  calibers. 
The  surface  line  was  then  turned  parallel  to  the  model  axis  for  the  remainder 
of  the  wake  region.  The  base  flow  is  thus  modeled  as  an  extended  sting. 

Results  are  first  presented  for  M  =  .94  and  a  =  0.  The  turbulence  quan¬ 
tities  k  and  c  obtained  with  the  two-equation  turbulence  model  are  shown  in 
Figures  4  and  5  respectively  for  selected  longitudinal  stations.  One  of  the 
longitudinal  stations  selected  is  near  the  ogive-cylinder  junction  and  the 
others  are  located  either  near  the  boattail  junction  or  on  the  boattail 
itself.  Note  that  the  station  X/D  =  6.19  is  off  the  physical  model.  It  is  on 

the  extension  of  the  boattail  and  k-e  model  prediction  is  compared  with  that 

of  the  algebraic  model  at  this  station.  Figure  4  shows  the  turbulence  kinetic 
energy  profiles  in  the  law  of  the  wall  coordinate.  The  station  X/D  =  5.05  is 
in  front  of  the  boattail  corner  and  X/D  =  5.36  is  just  after  the  boattail 
corner.  Because  of  the  severe  expansion  at  the  boattail  junction,  the  turbu¬ 
lence  kinetic  energy  is  increased  by  a  factor  of  two  between  these  stations. 

It  then  drops  off  on  the  boattail  as  shown  by  the  profiles  at  stations  X/D  = 

5.61  and  6.19.  The  humps  in  these  profiles  are  believed  to  be  the  result  of 
the  interaction  of  the  shock  and  expansion  waves  with  the  turbulent  boundary 
layer  and  occur  outside  the  edge  of  the  boundary  layer.  The  peaks  in  the  k 

profiles  occur  at  y^  =  20  although  the  peak  is  moved  slightly  further  away 
from  the  wall  near  the  boattail  corner  i.e.,  between  X/D  =  5.05  and  5.36.  As 
shown  in  Figure  5  the  turbulence  dissipation  rate  profiles  show  identical 
behavior  for  the  same  stations  with  the  exception  that  there  are  no  humps 
present  in  the  region  outside  the  edge  of  the  boundary  layer.  Additionally, 

the  peaks  now  occur  closer  to  the  wall  at  y^  =  10.  This  agrees  with  the 
observed  behavior  of  the  peaks  by  other  researchers. 

Turbulent  eddy  viscosities  are  found  from  k  and  e  with  the  two-equation 
model  and  algebraically  using  Baldwin  and  Lomax  model.  These  are  referenced 
to  the  molecular  viscosity  and  plotted  in  Figures  6  and  7  for  the  same 
longitudinal  positions  discussed  above.  Figure  6  shows  the  profiles 

obtained  with  the  algebraic  model.  The  profiles  have  rather  flat  peaks  and  go 
to  zero  outside  the  boundary  layer.  It  drops  off  sharply  in  magnitude  near 
the  tiodttail  corner  i.e.,  X/D  =  5.05  to  5.36  and  then  rises  sharply  on  the 
boattail  as  seen  by  the  profiles  between  X/D  =  5.61  and  6.19.  The  algebraic 
model  is  based  on  local  information  and  such  sharp  increase  or  decrease  in 

results.  The  profiles  obtained  with  the  k-r.  model  on  the  other  hand  shows 

qradi.ai  change  in  p^  on  the  boattail  as  seen  in  Figure  7.  The  profiles  have 

sharpt  r  peaks  and  then  fall  oft  to  values  other  than  zero  outside  the  edge  of 

t  rp.  i,(;i;nddrg  I  oyer.  Althniigh  •,  ae  I  c  profiles  drop  off  to  practically  zero, 

'  es  nut.  drop  ofk  i  r  o-  .1  peak  value  monoL  on  ica '  ,  y  with  increasing  dis- 
f  iri'e^  from  Lhf‘  surface  and  results  in  non-zero  U(.'s.  The  mean  flow  gradients 

outside  th(j  noundary  1  pver  an  uowever  exceedingly  small  and  the  M.  ' s  in  no 

w  1/  udveiseiy  affec:  t  lit.  solutma.  of  the  iriean  flov/  quan,.  i  t  i  es. 

Figure  o  siiows  the  mean  velocity  profil-^s  at  the  same  selected  stations. 
Velocity  profiles  obtuiuo'd  with  ouch  turbuience  codels  compare  well  at  X/D  = 


'■>.‘17.  and  6.19.  txperiiiuTital  data  is  available  at  the  other  three  stations  and 
are  used  for  comparison  with  the  calculations,  both  models  predict  almost  the 
same  pri)fil(>  at  X/l)  6. Oh  and  coripari  soti  with  experiment  is  cjood.  .lust  down¬ 
stream  ot  the  boattail  corner  i.e.,  at  X/U  =  S.36  and  5.61,  comparison  of  the 
k-c  calculations  with  experiment  are  in  better  aqreement  than  the  algebraic 
model  predictions.  Figure  9  is  a  plot  of  the  surface  pressure  distribution  as 
a  function  of  the  longitudinal  position  over  the  proiectile.  The  rapid  expan¬ 
sion  at  the  ogive  and  boattail  junctions  is  apparent.  Computed  results 

oiitainofi  with  botn  models  are  compared  with  experiment  and  the  results  cire  i 
good  agreement.  A  small  improvement  of  the  results  with  k-e  model  can  be  seen 
on  the  boattail. 

Results  are  now  presented  for  another  Mach  number,  M  =  .97  where  strong 
shock/boundary  layer  interactions  occur.  Figure  10  shows  the  turbulent 
kinetic  energy  profiles  at  various  longitudinal  positions.  These  look  similar 

to  those  discussed  previously  for  M  =  .94.  The  peak  values  occur  at  y^  -  25. 

k  increases  over  the  boattail  corner  (X/D  -  5.05  to  5.36)  and  then  decreases 

over  the  boattail.  The  turbulent  dissipation  rate  profiles  are  shown  in 
Figure  11.  These  profiles  behave  better  than  k  profiles  in  the  region  outside 

the  edge  of  the  boundary  layer  and  drop  off  to  small  values  without  the 

I'lresencp  of  any  humps  in  the  profiles  in  that  region.  As  expected,  the  peaks 

in  e  profiles  occur  closer  to  the  wall  (y^  =  10)  than  those  of  the  k  profiles 

(y"  =  25). 

Figures  12  and  13  show  the  turbulent  eddy  viscosity  profiles  obtained 

witli  the  algebraic  model  and  the  k-e  model  respectively  and  are  plotted  in 
physical  y  coordinate,  rises  to  its  peak  and  then  drops  off  siiarply  over  a 

very  small  distance  from  the  surface.  The  magnitudes  of  at  each  of  these 

longitudinal  stations  differ  in  both  the  model  predictions  and  are  clearly 

shown  in  the  next  Figure  14.  Figure  14  is  plotted  in  the  law  of  the  wall 
coordinate  and  shows  the  variation  of  near  the  wall  more  clearly.  The  pro¬ 
files  with  k-c  model  have  sharper  peaks  compared  to  those  obtained  with  the 
algebraic  model.  Algebraic  model  predicts  sharp  increase  (X/D  =  5.61  to  6.19) 
and  decreases  (X/D  5.05  to  5.36)  in  whereas  k-e  model  predicts  rather 

gradual  change  since  it  takes  into  account  the  upstream  effects.  Comparison 
of  Pj.  profiles  at  X/D  5.36  and  5.61  is  not  satisfactory  and  comparison  at 

the  other  three  stations  is  in  good  agreement.  This  kind  of  a  disagreement  is 
local  and  may  or  may  not  have  a  large  overall  inlluence  on  the  results. 

Figure  15  shows  the  mean  velocity  profiles  at  the  same  longitudinal 

stations.  There  is  very  slight  difference  between  the  computed  results 

obtainecl  with  both  turbiilence  models.  Comparison  of  the  calculated  [irofiles 
have  been  made  with  experimental  data  at  X/U  -  5.05,  5.36  and  5.61  and  the 
comparison  in  general  is  in  good  agreement.  The  slight  difference  in  the 
conpiited  results  and  experimental  measurements  is  for  the  X/D  =  5.36  case, 
"his  profile  is  only  .06  calibers  downstream  of  the  boattail  corner  and  is  in 
the  vicinity  of  severe  expansion.  The  experimental  data  was  reduced  using 
static  pressure  measu rements.  The  greater  the  distance  from  the  wall,  the 
more  the  vehjcity  data  may  be  in  error.  This  is  (jarticul  arly  true  just  down- 
stredi-i  of  the  expansion  corner  where  the  profile  may  extend  through  the 


expansion  fan  with  significantly  varying  static  pressures.  A  small  error  in 
experimental  measurements  thus  could  account  for  the  slight  difference.  The 
computed  and  experimental  surface  pressurv  coefficient  are  again  shown  in 
Figure  16  and  compare  favorably. 


V. _ Summary 

A  paper  has  been  described  in  which  a  thin-layer  Nav i er-Stokes  computa¬ 
tional  technique  has  been  used  to  compute  the  axi symmet ri c ,  turbulent  flow 
over  a  projectile  at  transonic  speeds.  Numerical  computations  have  been  made 
at  M  =  .94  and  .97  using  zero-equation  and  two-equation  turbulence  eddy 

viscosity  models.  Implicit  algorithm  used  to  solve  the  Navier-Stokes  equa¬ 
tions  has  been  extended  to  solve  the  turbulence  field  equations  for  k-c  model. 

Computed  results  show  the  turbulent  kinetic  energy,  dissipation  rate  and 
turbulent  eddy  viscosity  profiles.  The  velocity  profiles  and  surface  pressure 
distribution  have  been  obtained  using  both  turbulence  models  and  are  compared 
with  experiment.  A  small  improvement  with  the  k-e  model  prediction  is  found 
at  M  =  .94.  The  comparison  of  predictions  by  both  models  shows  generally 
good  agreement  with  the  experimental  data. 
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Figure  8a. 
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Figure  8b. 


Velocity  Profiles, 
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Figure  8c. 
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Figure  8d. 


Velocity  Profiles, 
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Figure  8e. 
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PNS  Computations  for  Non-Circular  and  Finned  Body 
Conf i qiirations  at  Supersonic  Velocities 


R.  II.  Jettmar,  NSWC,  Silver  Spring,  Md. 

and 

W.  Kordulla,  liFVLR-AVA,  Goettingen 


Abstract 

The  Parabolized  Navi er-Stokes  (PNS)  equations  are  used  to  predict  the 
viscous  supersonic  flow  field  over  tangent-ogive-cylinder  bodies  with  non- 
circular  cross-section  and  finned  body  configurations.  Current  design 
interests  make  it  desirable  to  gain  some  advanced  knowledge  of  the  aerodynamic 
characteri sties  of  such  bodies.  Since  the  solution  of  the  full,  unsteady, 
Reynolds-averaged  Navier-Stokes  equations  has  its  limitation  due  to 
computational  resources,  considerable  interest  exist  in  applying  the  PNS  model 
to  obtain  a  viscous  supersonic  flow  field  over  realistic,  complex 
configurations. 
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Introduction 


The  prediction  of  a  three-dimensional  viscous  supersonic  flow  field  over 
complex  real  configurations  has  been  the  topic  of  numerous  research  efforts 

A  practical  means  of  predicting  the  nonlinear  viscous  supersonic  shock 
layer  on  such  configurations  is  to  solve  the  Parabolized  Navi er-Stokes  (PNS) 
equations.  These  equations  are  of  evolutionary  type  and  are  obtained  from  the 
full,  time  dependent  Navi  er-Stokes  equations  by  (1)  neglecting  the  un‘’'Teady 
terms  and  the  streamwise  viscous  diffusion  terms  and  (?)  modifying  the 
streamwise  convection  flux  vector  to  obtain  a  well -posed  problem  that  can  be 
marched  in  the  downstream  direction  from  an  initial  set  of  data.  This  initial 
data  plane  is  considered  time  accurate  and  the  problem  has  a  preferred 
direction.  The  finite  difference  scheme  used  in  this  study  was  developed  by 
Schiff  and  Steger  Using  the  Ream  and  Warming  algorithm  the  non¬ 

iterative  implicit  marching  algorithm  in  delta  form  requires  that  the  velocity 
in  marching  direction  remains  positive,  ruling  out  flow  separation  in  marching 
direction.  The  algorithm  is  approximately-factored  and  uses  central 
differences  to  compute  the  crossflow  components,  therefore  allowing  for  cross 
flow  separation. 

In  this  study  the  PNS  methodology  is  applied  to  two  body  configurations 
of  great  interest  to  the  aerodynamic  designer,  (1)  bodies  with  non-circular 
cross-section  and  (?)  finned  missiles.  The  results  for  the  bodies  with  non- 
circular  cross-section  are  an  enhancement  of  results  presented  in  The 

approach  to  the  finned  missile  configuration  is  a  departure  from  the  basic 
computations  strategy  used  in  where  a  "wraparound"  grid  is  used 
considering  fins  and  body  as  one  entity.  Here  the  computational  grid  is 
generated  using  the  body  only  and  the  fin  surfaces  are  allowed  to  extend  into 
the  computational  region,  a  "thin-fin"  approximation  as  proposed  in  finl.  A 
no-slip  boundary  condition  is  imposed  on  the  fin  surface. 
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Overview  of  Numerical  Scheme 


The  steady  thin-layer  Parabolized  Navier-Stokes  equations  used  to  solve 
the  viscous,  supersonic  flow  field  can  be  written  in  general  non-orthogonal 
coordinates  n,  c  as 


^  F  -s  ^  A 

^  +  id  =  J_  id 

3"  3n  3^  Re  3c 
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where 

"  =  r(x)  is  the  marching  coordinate  (main  flow) 
N  =  o(x,y,z)  is  the  circumferential  coordinate 
=  ';(x,y,z)  is  the  normal  coordinate. 


The  inviscid  flux  vectors  in  Eq.  I  are 
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with  the  contravari ant  velocity  components 


n  =  r  u,  V=n  u  +  '■;  V  -t-  n  w,  W=r  u  +  r  v  +  '"  w 
X  X  y  X  X  y  ’z 

The  convection  terms  of  the  "Thin-Layer"  approximation  are  contained  in 
term  of  equation  1.  The  right-hand  term  of  equation  1  containing  the 
viscous  teriiis  of  the  "Thin-Layer"  approximations  is  given  as 


2S9 


s 


9  9? 

I  f  C  1-  r  '  +  ■,  )  LJ  +  ( u  /  3 )  ( ;;  'J  +  ',  v  f  r  w  )  ^, 
X  y  7  '  '  X  r  ’y  r  Z 


9  9  9 

:ii<'  +  C  )  V  ^  (ij/3)(f-  u  -  V  r,  v; 

x  ’y  7  r  X  r  9y  r  ’z  r  '  'y 

7  9  9 

.  1  t  ;  ^  )  w  ^  ( u  /  3 )  ( r  u  +  '  V  T  ^  w  )  9 

X  y  z  9  X  9  y  9  x  9  z 


?  r-  ,o^-  ?  ^ 

•-  +  !  I  I  )J  .  9  )  I  u  -TV  +  w  ) 

y  .  2  ■  ■  ' ' 

•  ’r‘^  I -1  1  +  (u/3)(9^'i 

^  V  '  w )  f  r  a  -t-  r  V  +  ,'  w  1 1 
y  ■  z  '  ■  x  •'  ■/  r  ’ ;’ 


The  nijr'e'~ica1  aiqorithiri  to  advattce  pquation  1  along  z  =  constant,  including 
implicit  and  explicit  S'^oothmi;  terms  for  stabilizing  the  solution  is  given 
in  detail  in  reterenc'-:  '^^1.  Kouation  1  is  parabolic  with  respect  to  c  and 
can  be  marched  in  the  '  ;lirer,tion  which  represents  the  main  flow  direction. 

In  r.ne  trrr.sflow  plane  Ji,,  ,:)  .lo'ined  to  be  normal  •'o  the  body  axis  Fquation  1 
is  elliptic  in  the  subsonic  crossflow  reqion  and  hyperbolic  in  the  supersonic 
crnss‘'low  reuior.  The  conservative  formulation  ot  tquation  1  allows  for  the 
caprirn'inq  of  any  possible  crossflow  shocks. 

Tiie  coiripiit  at  i  on  is  started  from  a  converqed  (onical  solution  near  the  tip 
of  the  hod'/.  The  full  solution  is  obtained  by  marching  along  the  body  axis 
towrstreim.  A  t-wo- 1  a yee  algebraic  eddy  visco'iity  model  ^  is  incorporated 
tor  rne  compu t a i on  or  tul'y  turhalent  flows.  The  grid  gerierator  employed  is 
'9  'Me  ►Jilijr9;  typr  1'  and  (len.'rates  gridline-y  overy  9.3'^  in 
'  ’  rci, '9-'r .  n:  ’  y  I  di-ecrion  in  the  case  of  circular  cross-section.  For  the  non- 
' lies-', o'  i  0"i  r  •  ii'idy  rootour  is  represented  by  73  equal  spaced 
,)o  "  .  ''i-’  '  ‘.T  niji.r.larv'  of  'he  compiital  i  cnal  reqimv'  is  the  shock 

.i'*'  !  -*.  '  '  '■i):'!;-'!',  Omt.-joon  I'ody  and  sliock  -ire  cl'iitc'rod  toward  the  hody 

1  '  •If  ,i'  'I,  ii,  bi  n.iar-y  lavers  ■■■i  li’f  .loS'. 
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Results 


The  |)ri'Si‘nt  rrviip-iri'S  results  of  norinal  forr^,  axial  forces  and 

pitchin-i  iioment  for  .<  ^  'i.l"  anqle  of  attack  at  M  =  ?  with  experimental 
inAHSiiroments  performed  ai  the  DFVLR-AVA,  Goettingen  The  objective  of 

fhesp  experiments  were  to  determine  the  aerodynamic  characteristics  on 
rertancitil  ar  sl  '^nder  bodies  and  the  influence  of  rounding  the  corners  on  th:’S(' 
bodies  on  noraial  ,  axial  and  side  forces,  as  well  as  pitcning  and  yawing 

moments,  '''he  body  consists  of  a  3-caliber  ogiva^  nose  with  a  5-  or  10-caliber 

1  I  ndri  ca  1  afthody  ( Tangent -Ogi  ve-Cyl  i  nder ,  TOC).  The  corner  rounding  radii 
t-he  edges  of"  the  bodies  investigated  were  1/6  and  2/6  of  the  width  of  the 
body.  These  non-circular  cross  sections  are  uniform  from  the  tip  of  the  body 
f 0  the  oase  (Fig.  11. 

Integrating  the  computed  pressure  distribution,  one  obtains  a  value  for 
•■be  local  nijrmal  forces.  Figure  ?  shows  the  computed  normal  forces  on  the 

circular  TOC-conf i gurat i on  for  the  PNS  computation  and  an  invisc-d  computation 
'  and  compares  the  results  to  measurements  TlAl  obtained  at  various  angles 
of  d*', tack.  As  seen,  good  agreement  for  the  viscous  computation  at  x/D=13  is 

obtained  up  to  Af  rt=in.30,  the  error  in  predicting  the  normal  force 

increases  drafnatically  with  the  length  of  the  body.  Viscous  and  inviscid 

computation  agree  very  closely  in  the  region  of  favorable  down-stream  pressure 
ucadient  and  start  to  deviate  from  each  other  along  the  cylinder  portion  of 
t  tie  Imdy. 

ising  the  marching  solution  for  obtained  with  the  smallest  values 

tor  smoothing  and  reasonable  step  size  in  marching  direction  circumferential 
procsure  distribution  for  the  four  cross-section  (?r/a=0,  1/3,  3/3,  1)  at 
va'^iOMS  stations  x/b  are  shown  in  Figures  3-5.  No  quantitative  or  qualitative 
comparison  can  he  given  at  this  time,  because  no  pressure  distributions  are 
available  to  the  authors,  a  purely  intuitive  judijement  has  to  be  passed  on  the 
performance  of  the  oqs  model  for  the  present  results.  Figure  3  shows  the 
I  ompiitorl  c  i  rc  ii'iiferenf  i  a  1  pressure  distribution  at  the  starting  plane 
/  01  ^  .  v/g  f-,r  the  marcbing  solution.  The  results  exhibits  the  expected 
behayior.  At  staMon  x  o',  =  ?.5?,  a  station  on  the  oq  i  v^ -port  i  on  of  the  StKI 
Col/  the  rn  miter;  i:;ross-sect  i  on  exhibited  again  the  expected  pressure 
I  i  ,  1 1"  i  fm*’ i  on  ,  while  the  sharp  corner  of  the  square  cross-section  (jenerates  a 
""■inginu"  typical'/  exhibited  by  comnijtat  i  onal  methods  in  the  presence  of 
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2 . 4  Test  program  and  procedure 

All  investigations  were  carried  out  at  free-stream  Mach 
numbers  of  Ma^  =  l.S  and  1.98  with  corresponding 
Reynolds  numbers  of  Re,  =  7.8-10^  and  6.5-10^.  The  iet 

ico 

exit  Mach  number  was  for  all  tests  Ma^  =  2.5,  but  the 
ratio  of  jet  static  exit  pressure  to  the  free-stream  static 
pressure  p^^/p^^  was  varied  substantially  from  about  2 
to  30.  Base  pressures,  afterbody  pressure  distributions 
and  Schlieren  flow-field  photos  were  obtained  in  order  to 
study  the  jet  influence  on  the  tail  flow  field.  Angles  of 
incidence  v/ere  varied  between  a  =  -4°  and  a  =  +8°. 

All  tests  were  performed  in  the  following  way.  After  flow 
establishment  in  the  wind  tunnel,  the  pressure  recording 
system  was  set  in  operation  and  then  the  jet  flow  was 
actuated  for  0.15  s.  This  procedure  allowed  to  get  for 
every  pressure  tap  a  pressure  recording  covering  jet-off 
and  jot-on  conditions,  as  shown  in  Fig.  6  for  the  base 
pressure . 

3 .  Results  and  d iscussion 

First  results  have  been  reported  in  [9],  the  following  is 
a  continuation  of  this  earlier  work. 

5 . 1  Jot  influence  on  pressure  distributions  along 
a  f  ter bod ie  s 

3.1.1  Cy 1  indr ica 1  afterbody,  Ma_  -  2.0 

oc'r.  L  i-;.' [-'Ti  pictures  in  Fig.  7a  give  some  insight  into  the 
rif.'W  field  in  the  tail  region  of  the  missile  with  a  cylin¬ 
drical  a  f  t c-' r  i;f5dy  and  the  smallest  nozzle  (N3),  in  the  pre- 

senc’c  of  a  jet  of  various  exit  pressure  ratios,  p^„/p  , 

JE 

at  free-stream  Mach,  number,  Ma  =  2  ,  incidences  beina 

CKj  -- 

o  ^  n  ,  4  "  ,  nd  8  . 
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diameter  of  d  =  2.5  cm  is  installed  outside  the  tunnel. 
The?  connection  to  the  missile  model  is  made  by  two  flexible 
hi<jh  pressure  hoses  and  by  two  tubes  running  through  the 
strut  support.  The  model  itself  is  equipped  with  fast  open¬ 
ing  valves,  jet  running  time  is  about  0.15  s.  In  detailed 
calibration  tests  of  the  jet  nozzle  and  the  jet  flow  it  was 
found  that  splitting  of  the  Ludwieg  tube  into  two  separate 
tubes  ana  bending  of  the  tubes  inside  the  strut  did  not  im¬ 
pair  the  flow  quality. 

2 . 3  Model  and  instrumentation 

A  sketch  of  the  missile  model,  including  the  most  important 
internal  equipment  parts,  namely  gas  supply  tubes,  valve 
system,  secondary  stagnation  chamber,  jet  nozzle,  and  pres¬ 
sure  transducer  installation  are  shown  in  Fig.  3.  In  order 
to  get  fast  response  pressure  measurements  12  Kulite 
pressure  transducers  were  installed  in  the  forward  part 
and  connected  by  tubes  to  the  pressure  taps.  The  Ludwieg 
tube  pressure  and  the  secondary  stagnation  chamber  pres¬ 
sure  were  measured  by  additional  pressure  transducers.  For 
fast  speed  data  recording,  jet  actuation,  triggering  of 
the  Schlieren  photography  a  Digital  Equipment  MINC  was 
used, allowing  a  measurement  and  recording  rate  of  20  kHz. 

An  oq i ve /cy 1 inder  body  with  a  diameter  of  d  = 40  mm  and 
a  length  of  1  -  560  mm  served  as  basic  model.  The  main 
ho.ly  data  are  summarized  in  Fig.  4.  The  tail  of  this  model 
coulci  l.ie  equipped  with  three  different  afterbodies  {cylin¬ 
drical  ,  5'-,  lO'^-conical  tails)  an^;  three  different  jet 

nozzles  lor  exit  Mach  numbers  of  Ma^  =  2.5.  Geometrical 

E 

lul  l  of  the  a f i (T;  ed  ics  ,  the  nozzles  and  the  combinations 
te/'-.f'U  uie  siiiimar  i  zed  in  Fig.  5. 
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Introduction 


1  . 

The  flow  field  in  the  tail  region  of  a  missile  moving  at 
supersonic  speeds  will  be  strongly  influenced  by  the  pre¬ 
sence  of  a  propulsive  jet  (Fig.  1).  It  causes  changes  in  the 
pressure  distribution,  influencing  drag  and  stability  of 
the  missile.  Therefore,  it  is  necessary  to  have  adequate 
theoretical  and  experimental  methods  to  treat  these  prob¬ 
lems  in  the  missile  design  phase.  General  understanding 
and  modelling  of  this  flow  interference  seems  adequate, 
but  nevertheless  detailed  knowledge  of  various  effects  in¬ 
volved  seems  still  somewhat  insufficient  for  design  pre¬ 
dictions,  without  using  empirical  parameters  [1,2,3]. 
Therefore,  experiments  and  new  simulation  techniques  are 
still  needed  in  order  to  improve  prediction  techniques. 

2 .  Experimental  set-up 

2 . 1  Wind  tunnel 

The  external  flow  past  the  missile  was  simulated  in  the 
test-section  of  the  High-Speed  Wind  Tunnel  of  DFVLR-AVA 
Gottingen  [4].  Air  is  sucked  in  from  the  atmosphere,  dried 
and  discharged  tlirough  the  supersonic  nozzle  and  test  sec¬ 
tion  into  a  large  vacuum  vessel.  Free-stream  Mach  numbers 
range  from  Ma  -  0.4  to  0.95  and  Ma  -  1.22  to  2.25 

"  oo 

the  supersonic  test  section  cross-sectional  area  is 
0.71  m  ■  0.725  m;  typical  tunnel  running  times  are 
10  -  20  seconds. 

2 . 2  Jot  flow  simulation 

In  order  to  avoid  largo  high-pressure  gas  supply  installa¬ 
tions  the  Ludwieg  tube  principle  was  adopted  to  produce 
the  supersonic  ]et  flow  [5,6].  Fig.  2  shows  the  applica¬ 
tion  of  this  ]ct  simulation  method  in  the  wind  tunnel.  The 
[.udwiog  tube  with  a  length  of  L  =  25  m  and  an  internal 
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List  of  symbols 
c  pressure  coefficient, 


pj 


P-P„ 


c  = 
P 


change  in  local  pressure  coefficient  due  to 

Pj-P 

jet  interference,  ^ — 


d 

1 

L 

Ma 

P 

q 


Re. 

t 

U 

oo 

a 


N 


diameter,  model  diameter 

model  length 

length  of  Ludwieg  tube 

Mach  number 

pressure 

dynamic  pressure 

U  -1 

OO 

Reynolds  number,  ~ — 

OO 

time 

free-stream  velocity 
angle  of  attack 

afterbody  boat-tail  angle  (Fig.  5) 
nozzle-wall  angle  (Fig.  5) 
kinematic  viscosity 


Indices 


A  afterbody 

B  base  of  afterbody 

E  nozzle  exit 

j  conditions  with  jet  influence 

JE  jet  exit  condition 

max  maximum 

n  nose 

N  nozzle 

x'  lengthwise  coordinate  for  afterbody 

c  stagnation  condition 

1  approach  condition 

free-stream  condition 
*  nozzle  throat 
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EFFECTS  OF  PROPULSIVE  JET  ON  THE  FLOW  FIELD  IN  THE 
TAIL  REGION  OF  A  MISSILE  IN  A  SUPERSONIC  STREAM 


G.  Koppenwallner ,  D.  Rammenzweig ,  W.  Stahl 
DFVLR  Institute  for  Experimental  Fluid  Mechanics 
D-3400  Gottingen,  Bunsenstrasse  10,  W-Germany 


Abstract 


The  present  work  concentrated  on  the  effects  of  an  under¬ 
expanded  supersonic  jet  on  the  external  supersonic  flow 
past  a  typical  missile  configuration.  Jet  simulation  in  the 
wind  tunnel  was  achieved  by  means  of  a  small  Ludwieg  tube, 
which  allowed  jet  operation  times  of  about  0.1  s.  The  cir¬ 
cular  cylindrical  missile  model  with  ogival  nose  had  three 
different  afterbody  configurations:  Cylindrical  and  conical 
boat  tailing  of  5°  and  10°  respectively.  The  experiments 
were  carried  out  in  the  DFVLR  High-Speed  Wind  Tunnel  at 
free-stream  Mach  numbers  of  Ma  =1.5  and  Ma  =  1.98; 

oo  oo 

angles  of  attack  were  varied  between  a  =  -4°  and  a  =  8°. 
Base  pressures  and  pressure  distributions  on  the  afterbo¬ 
dies  were  measured  without  jet  and  with  jets  of  various 
exit-pressure  ratios.  Schlieren  pictures  were  taken  in 
order  to  get  some  insight  into  the  flow  field  in  the  tail 
rccfion  of  the  missile,  especially  with  respect  to  flow 
•soparat  ion  • 
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Fiq.  8  Pitchint]  noment  coef'ficient,  M  =  2, 
:i  =  5.1  .  Re„=  0.7*10'. 


Fiq.  10  Predicted  and  experimental  circumferential 
pressure  distribution,  11  =  2.7,  ,t  =  10  , 

Re  =  2.5*10  ^ 
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(■'iq.  9  Thin  fin  approximation  in  physical 
and  computational  space. 
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Fiq.  11  Predicted  and  measured  longituOina 
pressure  distribution  in  "+"  roll 
position,  M  =  2.7,  =  10'. 


4  Pfpdicted  circumferential  pressure 
distribution,  M  =  2,  i  =  5.1  , 

Re^--  0.7*10^  ' 


Fig.  5  Predicted  circumferential  pressure 
distribution,  M  =  2,  ,i  =  5.1  . 

Re  =  0.7*10'.  " 
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Table  A.  Values  for  Stability,  Implicit  and  Explicit 
Smoothing  Factors  and  Marching  Stepsize 
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-  Marching  Stepsize 

-  Stability  Coefficient 

-  Implicit'  Smoothing  Coefficient 

-  Explicit  Smoothing  Coefficient 
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Concl udinq  Remarks 

Using  the  PNS  methodology  to  compute  viscous,  supersonic  flow  over 
secant-oqi ve-cy 1 1 nder  bodies  with  arbitrary  cross-section  is  a  possible 
alternative  to  the  full  Navi er-Stokes  equation  if  one  restricts  oneself  to 
moderate  angle  of  attack  to  avoid  flow  reversal  in  the  marching  direction.  To 
accomplish  the  flow  field  prediction  for  complex,  realistic  configuration  the 
concept  of  "wrap-around"  grid  has  to  be  extended.  The  computational  space  of 
"wrap-around"  grid  has  only  one  impesmeable  boundary,  the  mapping  of  the  body 
onto  the  plane,  c=0.  An  extension  to  this  concept  is  to  introduce  impernieable 
surfaces  normal  to  the  plane,  c=n  at  various  positions,  n=const.  The  above 
results  indicate  that  this  concept  is  feasible  but  careful  attention  has  to  be 
given  to  the  newly  introduced  boundaries  with  a  no-slip  condition  and  the 
corner  points,  further  work  is  currently  conducted  at  NSWC  to  extend  the  PNS 
methodology  to  a  multi-zone  concept  which  allows  complicated  shapes  to  be 
mapped  to  multiple  connected  regions  of  computation. 
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^ijrfciC('s  which  would  float  within  the  basic  grid,  with  the  application  of  a 
no-slip  boundary  condition  on  the  fin  surfaces.  The  analysis  is  restricted  to 
relatively  thin  fins  with  sharp  edges  which  lie  approximately  along  constant 
planes.  A  thin  fin  approximation  is  employed  which  neglects  the  fin 
tnickness  hut  retains  the  actual  fin  surface  slopes.  For  an  important  class 
of"  body-tin  configurations,  the  thin  fin  approximation  allows  the  direct  use 
''he  basic  grid  generated  for  the  body  alone  shape  with  only  one  additional 
computational  point  in  the  circumferential  coordinate  per  fin  (i.e.,  the 
original  grid  point  represents  the  upper  fin  surfaces  and  the  additional  point 
be  lower  surface).  Figure  8.  Using  experimental  data  given  in  ^151  ^  wing- 
bony  configuration  of  M=8.7  and  a=100  is  used  to  test  this  concept  of 
infro(io.jng  thin  fins.  The  configuration  is  shown  in  Figure  9.  Calculated 
c  i  rcumferent  i  al  pr;?ssure  distributions  are  compared  with  experimental  data  at 
iiff‘-‘renr,  positions  along  the  cylindrical  body.  On  the  windward  sic  the 
c.oicpof, -it. ion  gives  reasonable  agreement  with  the  data.  The  leeward  .  ata 
iodicates  separated  flow  which  is  not  predicted  by  the  PNS  computation. 

'"hrniiqh  the  necessary  use  of  smoothing  in  the  computation  certain  effects  of 
separation  can  be  masked  and  the  marching  procedure  does  not  encounter 
■'ovMrsej  flow  condition.  In  the  present  calculation,  an  infinitely  thin  flat 
plat  is  used  to  simulate  the  fins.  Following  the  pressure  distribution  along 
the  body  between  the  "cruciform"  fin  position 

at  ‘-48'-'  (windward)  and  't>=13b'^  (leeward)  the  computation  agrees  well  with  the 
data  at  the  onset  of  the  fins  Figure  in.  This  situation  changes  as  the 
iofliienre  of  introducing  the  fins  is  felt  further  downstream  at  the  midpoint 
between  the  fins  and  the  predicted  pressure  distribution  disagrees  sharply 
with  the  measurements  as  seen  in  Figure  11.  Further  improvement  on  treating 
th.-’  no-slip  condition  at  the  fin-body  corners  are  necessary  at  this  point.  A 
contour  plot  for  the  pressure  of  x/n=F(.4  is  shown  in  Figure  IP.  The  plot 
indicates  qualitatively  the  correct  wrapping  around  of  the  pressure  contour 
liH'-’s  Fpoin  the  lower  to  the  upper  wing  surface. 
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larqp  pressure-  Jumps.  Only  additional  experiments  will  be  able  to  guide  the 
research  efforts  for  this  situation  by  establishing  the  correct  physics  for 
the  flow  around  sharp  corners.  As  the  solution  is  marched  further  down  the 
body  the  effects  of  smoothing  for  the  marching  solution  can  he  observed.  The 
circular  cross-section  needs  the  least  amount  of  smoothing  to  be  successfully 
'narched  (See  Table  A).  Accordingly  at  x/r)  =  7.Q2  the  calculated  circumferential 
()ressure  distributions  exhibits  large  "wiggles",  (figure  5)  while  the  computed 
results  for  the  other  cross-section,  needing  larger  amounts  of  smoothing  to  be 
successfully  marched  show  the  expected  outcome. 

Integrating  the  pressure  field  obtained  by  the  PNS  computation.  Figure  b 
shows  the  local  nonnal  force  for  the  two  different  cross-sections  (?r/a=n  and 
?r/a-'’''l)  for  M-?.n  and  0=5. 1^,  They  are  compared  to  measured  data  at  x/n=R 
anu  x/n=]d  and  an  inviscid  computation  for  the  exact  same  flow  condition.  In 
ti'e  case  of  ?r/a=?/3,  the  viscous  result  agrees  reasonably  close  with  the  data 
only  at  x/f.i=lT.  For  all  non-circular  cross-sections,  the  viscous  computation 
overestimates  the  normal  forces  but  exhibits  the  right  trend  of  the  data.  The 
inviscid  computations  undere'^timate  the  experimental  results. 

Figure  7  com()ares  viscous  and  inviscid  results  for  the  axial  force 
coefficient  with  the  data  at  a=5.l0.  The  computed  local  axial  for  a 
inefficient  does  change  very  little  for  the  different  cross-sections,  an 
■■xpected  result  because  all  cross-sectional  areas  are  of  the  same  size.  The 
inviscid  computation  does  not  predict  an  increase  in  axial  force  when  the 
f  /  M  P'iri  iial  [lortion  is  reached  as  the  inviscid  theory  demands.  The  slight 
ii  rr-  't'-  '  along  the  body  for  the  viscous  result  represents  the  contribution  of 
r->f-  w'’’  sh ,■  t f'-st ress .  The  experimental  data  does  not  agree  with  the 
ii'M- ita'’ ion  1 1  results  and  shows  a  decrease  in  axial  force  with  the  increase  in 

le-ilCh. 

:  r  rnp  (,isi  i!  tbp  nrcelar  cross-section,  the  experimental  overall 

'oripit  coe  t  f  i i  I  •■ir,  auroes  with  the  compute-i  re-'-ults  (Figure  S)  while 
•  ‘  oi'-n'i  cross -S'”  '  i on  ''.he  experimental  data  is  over  or  under  predicted, 

”  I  i”i'l  y- I  ength  a-i  |  s  laoe  of  the  cross-section.  Inviscid  resuits 
'  ici-  t-hp  •,  i  !io  trr-nd,  i-ut  deviai'’  from  the  data  more  tjan  the  viscous 
''■■sil'-'  a  -.  '  df-  aruj'..  nf  .iifac-'  ."S. 

•mo  fnis  10  ,  "■  Oi-prox  i  mat  1  on  is  i  ncorgiorated .  The 

■  "  r  ,  1  .  :  ,1  PI";'  -Ki  r,,  I  ;  on.j"  :ioint  >  ;  ()  repr  esent,  the  fin 


The  main  features  of  the  rield  are  indicated  in  the 

upper,  left-hand  picture. 

The  characteristic  pattern  of  the  external  flow  with  a  shock 
wave  downstream  of  the  base  due  to  interference  of  the  jet 
remains  basicfilly  unchanged  for  all  pressure  ratios  and  in¬ 
cidences  investigated.  With  increasing  incidence  the  jet 
boundary  and  the  barrel  shock  on  the  pressure  side  are 
slightly  blown  in  crossflow  direction  at  all  pressure 
ratios.  This  is  also  observed  for  the  interference  shock. 

It  is  evident  th.at  with  increasing  jet  exit  pressure  ratio, 
Pjp/p^,  the  jet  width  increases  for  all  incidences,  a, 
furthermore  the  barrel  shock  widens,  and  there  is  a  steepe¬ 
ning  of  the  interference  shock. 

The  corresponding  results  of  pressure  measurements  are 
shown  in  Fig.  9  in  the  bottom  diagram.  There  is  no  influ¬ 
ence  of  the  jet  on  the  afterbody  pressure  distribution  for 
al]  incidences  and  jet  exit  pressure  ratios  considered,  as 
far  as  this  afterbody-nozzle  combination  f.»ith  the  smallest 
nozzle)  is  concerned. 

Thu  influGnco  of  the  nozzle-exit  diameter,  i.e.  the  jet 
oxit  diameter,  on  the  afterbody  pressure  distribution  can 
be  seen  in  Fig.  8  and  9  for  various  incidences  and  exit 
pri'ssuro  'atios.  While  there  is  no  influence  of  the  jet 
fc.r'vtisd  oi  the  base  with  tlie  smallest  nozzle  (N3),  indepen- 
of  int.'idenco  and  jet  exit  pressure  ratio;  the  jet 
inakies  lose  if  felt  increasingly  with  the  larger  nozzles. 

can  conc.l.dc,  that  decreasing  the  nozzle  exit  diameter, 

'  ■  t  1  ec  1 1  v'l  ’  1  y  reduces  tr.e  influence  of  the  propulsive  jet  on 
tin  ortssurc!  listribufion  along  the  afteibody. 

'i  ue  .  '  ;  f  u;  r>r  ino  O'usiri.  .e:  exit  pressure  ratio  has  lioen 
Schii'r  i:  p  I'  i.-s  of  r;q.  7a  for  the  smallest 
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nozzle,  consisting  in  an  increase  of  the  jet  width  for  all 
incidences.  A  similar  effect  is  expected  for  the  other  two 
nozzles  with  larger  exit  diameters  (N2 ,  N1) .  There  is  no 
influence  due  to  ti^ie  jet  on  the  afterbody  pressure  distri¬ 
bution  in  the  case  of  the  smallest  nozzle  (N3),  and  only 
for  the  largest  pressure  ratio  in  the  case  of  the  inter¬ 
mediate  nozzle  (N2) .  However,  for  the  largest  nozzle  (N1 ) 
it  can  be  deduced  from  Fig.  8  that  increasing  pressure 
ratios  lead  to  increasing  disturbances  due  to  jet  inter¬ 
ference,  and  the  disturbance  is  felt  farther  and  farther 
upstream . 

3.1.2  Conical  afterbodies,  Ma  =2.0 

Next  is  considered  the  effect  of  boat-tailing  on  the  exter¬ 
nal  flow/jet  interference  phenomena.  In  the  Schlieren  pic¬ 
tures  in  Figs.  7b  and  7c  the  influence  can  be  seen  for  the 
5°  and  10°  conical  afterbodies,  again  with  the  smallest 

nozzle  (N3),  at  free-stream  Mach  number  Ma  =2. 

00 

Again,  the  jet  width  increases  with  increasing  jet  exit 
pressure  ratio  for  all  incidences,  the  jet  influence  on  the 
external  flow  is  felt  increasingly  further  upstream,  reach¬ 
ing  forward  on  the  afterbody.  The  upstream  influence  be- 
coiTiGS  more  severe  as  the  boat-tail  angle  is  increased.  This 
is  confirmed  by  the  pressure  distributions,  depicted  in 
Fig.  10  and  Fig.  11,  which  show  that  the  pressure  distur¬ 
bances  move  upstream  on  the  afterbody  with  increasing  boat- 
tail  angle.  In  contrast,  on  the  cylindrical  afterbody,  only 
limited  forward  influence  is  observed. 

For  tile  1  f1  °  (•('iiJC'  1  afterbody,  wit'n  tlsc  highest  pressure 
ratio,  =  2  4.3  ,  large  separated  regions,  starting 

’lear  t  tie  siiou  1  ric  r ,  are  assunicd  to  be  present,  with  distinct 
plateau  *  yi^r’  pri’ssure  distributions,  as  seen  in  the  bottom 
graph  ot  iig.  11.  (On  this,  one  has  to  add  the  fairly 
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linear,  pressure,  p,  without  jet  inEiucnce,  in  order  to  get 
the  actual  pressure  with  jet  influence.)  In  this  graph, 
there  is  also  indicated  the  position  of  the  separation  shock 
it  can  be  noticed,  that  the  pressure  rise  in  the  shock  is 
communicated  upstream  in  the  subsonic  portion  of  the  boun¬ 
dary  layer  . 

The  effect  of  the  jet  on  the  flow  field  around  the  conical 
afterbodies  with  increasing  incidence  seems  to  be  more  ex¬ 
pressed  on  the  lee  side.  The  separation  shock  on  the  pres¬ 
sure  side  is  moving  downstream  with  incidence,  leaving  more 
and  more  of  the  afterbody  flow  undisturbed,  as  is  seen  in 
the  Schlieren  pictures  Fig.  7b  and  7c  and  also  in  the  chan¬ 
ges  of  local  pressure  coefficient,  Ac^^.,  in  Fig.  10  and 
Fig.  11.  It  is  evident  from  the  pressure  measurements,  that 
the  interference  due  to  the  jet  is  communicated  farther  up¬ 
stream  on  the  suction  side  (measured  at  a  =  -4°)  than  on 
the  pressure  side  (a  =  +4°). 

In  Fig.  7e  the  shock  positions  on  the  conical  afterbodies 
(with  the  smallest  nozzle,  N3)  are  given  as  function  of  the 
jet  exit;  pressure  ratio  for  zero  incidence  at  Ma  =2.0 
and  Ma^  =  1.5  ,  as  obtained  from  the  Schlieren  pictures. 

The  figure  demonstrates  how  the  shock  moves  upstream  with 
Increasing  jet  exit  pressure  ratio  in  all  cases. 

In  rig.  Tf  the  position  of  the  separation  shock  on  the 
bame  conical  af torbody/nozzle  configurations  are  shown  in 
'.openciancc  ol  rncidonce  for  a  small  and  a  large  jet  exit 
piossiirc  iCitio  at  free-stream  Mach  number  Ma  =2.0  .  In 

OO 

all  cases,  t  lie  Gho''’k  (on  the  windward  side)  is  moving 
dcwnstrciiu  Wjth  iactb'asing  incidence. 

i  .  I  .  f  ^ ^  .y  ,  1.5 

'ilu'  '(■  ;t  carried  out  vvif;.  i,‘c  cylindrical  afteriiody  at  the 
lower  f  . -St.  re  ui.  Mcich  i.’ibcr,  Ma  =  1.5  ,  gave  basically 


the  same  results  as  wore  obtained  at  Ma  =2.0  .  Fig.  12 
shows  again  for  the'  three  different  nozzles,  that  the  effect 
of  the  exhaust  jet  on  the  afterbody  flow  field  is  reduced 
and  even  vanishes  vv^ith  decreasing  jet  widtli.  The  jet  in¬ 
fluence  is  felt  farther  upstream  on  the  suction  side 
(a  =  -4°)  than  on  the  pressure  side  (a  =  +4°) . 

The  influence  of  decreasing  free-stream  Mach  number  is  ex¬ 
pressed  in  a  stronger  interference  of  the  jet  on  the  after¬ 
body  pressure  distribution,  as  is  seen  by  comparing  Fig.  8 
and  9  with  Fig.  12  at  Pj^/Poo  "  ^  various  cylin¬ 

drical  afterbody/nozzle  combinations. 

3.1.4  Conical  afterbody,  Ma^^  =  1.5 

The  tests  carried  out  on  the  5°-boat-ta lied  afterbody  at 
the  lower  free-stream  Mach  number,  Ma  =  1.5,  show  also 
that  the  influence  of  the  jet  on  the  pressure  distribution 
is  felt  further  upstream  than  on  the  cylindrical  afterbody 
(with  same  nozzle,  N3);  as  can  be  seen  by  comparison  of 
Fig.  13  and  Fig.  12.  Again,  the  influence  of  the  jet  on  the 
flow  field  about  the  afterbody  at  incidence  is  communicated 
further  forward  on  the  suction  side  (a  =  -4°)  than  on  the 
pressure  side  (a  =  +4'*).  The  corresponding  flow  visuali¬ 
zation  pictures  are  given  in  Fig.  7d. 

Decreasing  tlio  free-stream  Mach  number,  results  again  in  a 
stronger  interference  of  the  jet  on  the  afterbody  pressure 
distribution,  as  is  seen  when  comparing  Fig.  10  and  Fig.  13, 
for  jet  exit  pressure  ratios  Pj^/p^  6  .  Corresponding 
Schlieren  pictures  of  Fig.  7b  and  7d  bear  out  the  same 
result  . 


3 . 2  Influence  of  jet  on  base  pressure 

The  propulsive  jet  will  influence  the  base  pressure,  p„  . 
For  small  jet  exit  pressure  ratios,  P-,^/p  ,  an  entrainment 


effect  of  the  jet  dominates,  which  may  lead 
decrease  of  base  pressure.  At  high  jet  exit 
a  displacement  effect  of  the  jet  dominates, 
causes  an  increase  of  base  pressure  [7,  8]. 


to  an  unwanted 
pressure  ratios 
which  usually 


On  the  cylindrical  afterbody,  equipped  with  the  nozzles  of 
various  exit  diameters  at  free-stream  Mach  number  Ma  =2, 

oo 

it  is  found  that  the  influence  on  the  base  pressure  due  to 
the  jet  becomes  stronger  with  increasing  jet  exit  pressure 
ratio,  as  is  seen  in  Fig.  8  and  9.  There  is  no  conclusive 
trend  to  be  found  as  to  the  effect  of  incidence. 


The  influence  is  reduced  as  the  jet  diameter  decreases  and 
the  base  area  increases  correspondingly  (Fig.  8  and  9). 

Boat-tailing  causes  an  increased  pressure  rise  due  to  jet 

interference,  as  is  seen  in  Fig.  9,  10,  and  11  for  jet  exit 

pressure  ratio  p^„/p  6. 

JE  °° 


4 ,  Conclusions 

It  is  shown,  that  a  small  Ludwieg-tube  installation  is  a 
practicable  mc.'ans  for  producing  short-duration  propulsive- 
f lov;s  for  a  missile  model  in  a  wind  tunnel.  It  was 
used  to  study  the  interference  of  underexpanded  jets  and 
thf'  supersonic  flow  past  cylindrical  and  conical  afterbo- 
du'S,  witiiout  and  witn  incidence. 

It  is  i  uded  ,  1 1  uj  t  decreasing  nozzle  exit  diameter  effec 

ti^'c  iodi.C'':  Mu'  influencx,  of  rdv  propulsive  jet  on  the 
:.res.siir(  ■ :  i  s  ‘  r  i  ba‘  i  e.p  alonj  the  afterbody.  The  upstream  in- 
I'l  r;-  t Sir-  j(.'L  p'ts  sM  D^gti  as  the  boat-tc\il  angle  is 

j  no  ■  w;  sc’i'i .  i'f.'  i.i  fk  os  ri;.  djnical  iiterbodies,  at  zert; 

1  1^  ;  o'.enc'j  ,  PiOV>'s  : .p; , t  I'c i ,  vitn  increasi  ng  jet  exit  pressure 
I'atio;  I  iie  siiock  •  ;  'os  d(,)-.-.  t  ;  c'ai.:  < ■  a  tiie  windward  side  with 


incrc'asincj  incidonc:o.  At  incidence,  the  interference  due  to 
Lho  jet  is  communicated  farther  upstream  on  the  suction 
side  than  on  the  pressure  side.  Decreasing  the  free-stream 
Mach  number  results  in  a  stronger  interference  of  the  jet. 

These  results  are  considered  as  a  base  for  investigating 
the  influence  of  jet  temperature;  the  hot  gas  flow  to  be 
provided  by  a  heated  Ludwieg  tube,  presently  under  construe- 
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Fig.  1:  Interaction  of  supersonic  external  flow  and  jet 

in  tail  region  of  missile. 
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by  tubing 


Fig.  3:  Sketch  of  missile  model. 
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Fig.  7c;  Flow  field  without  and  with  incidence  with  jet 
at  vuni.jij^  exit  pressure  ratios. 

Ma,^. .  ^'0,  10“  conical  afterbody 
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ABSTRACT 

A  coinpiitat  i  ona  i  capability  has  been  deyeloped  for  predicting  the  entire 
flow  field  about  oodies  of  reyolution  including  the  base  region.  The  addi¬ 
tional  complexity  of  base  bleed  and  base  jet  effects  haye  also  been  incorpora¬ 
ted  into  this  new  capability.  The  thin-layer  form  of  the  compressible  Nayier- 
Stokes  equations  is  solyed  using  a  time  dependent,  implicit  algorithm. 
Numerical  solutions  have  been  obtained  for  a  secant-oni ye-cyl i noer  projectile 
for  .9  <  M  <  1.3  both  with  and  without  base  bleeri.  Base  drag  has  been  compu¬ 
ted  and  compared  with  experimental  and  semi-empirical  data.  The  reduction  in 
base  drag  with  base  bleed  has  been  clearly  shown  for  various  mass  injection 
rates.  Additionally,  the  effect  of  a  centered  propulsive  jet  on  base  flow  has 
been  computed  where  the  free  stream  Mach  number  is  1.343  and  the  jet  exit  Mach 
number  is  2.7.  Computed  results  show  both  qualitative  and  quantitative 
featunes  of  the  base  region  flow  fields. 


INTRODUCTION 

A  major  area  iif  concern  in  shell  design  is  the  accurate  prediction  of  the 
total  aerodynamic  urau.  Both  range  and  terminal  velocity  of  a  projectile,  two 
critical  factors  in  shell  design,  are  directly  related  to  the  total  aerodyna¬ 
mic  drag.  The  total  drag  for  projectiles  can  be  divided  into  three  compon¬ 
ents:  (1)  pressure  drag  (excluding  the  base  region),  (2)  viscous  (skin  fric¬ 
tion)  drag,  and  (3)  base  drag.  At  transonic  speeds,  base  drag  constitutes  a 
major  portion  of  the  total  drag.  For  a  typical  shell  at  M  =  .90  the  relative 
magnitudes  of  the  aerodynamic  drag  components  are:  (1)  pressure  drag,  20%, 
(2)  viscous  drag,  30%,  and  (3)  base  drag,  50%. 

The  pressure  and  viscous  components  of  drag  generally  cannot  be  reduced 
significantly  without  adversely  affecting  the  stability  of  shell.  Recent 

attempts  to  reduce  the  total  drag  have  therefore  been  directed  at  reducing  the 

base  drag.  A  number  of  studies  have  been  made  to  examine  the  total  drag 

reduction  due  to  the  addition  of  a  boattail  [1].  Although  this  is  very 

effective  in  reducing  the  total  drag,  it  has  a  negative  impact  on  the  aerody¬ 
namic  stability,  especially  at  transonic  velocities.  An  excellent  review  of 
the  effect  of  boattailing  on  total  drag  and  base  pressure  is  presented  in 
Reference  [11. 


Another  r*ft>ctive  neans  of  rertucinq  the  base  draq  is  that  of  'base  bleed' 
or  ’’^ase  iniection'.  In  this  fiethod  a  small  amount  of  mass  is  iniected  into 
rne  hdse  reoion  to  increase  the  base  oressure  and  thus  reduce  the  base  draq. 
'>!ecent  ranue  and  orecision  tests  [2]  of  a  155mm  proiectile  with  and  without 
t'ase  bleed  have  been  conducted  and  on  d5%  reduction  in  base  draq  was  obtained. 
Presently  the  XMd64  is  an  active  projectile  desiqn  that  uses  the  base  oleeo 
concept  for  increased  range.  This  concept  of  mass  injection  at  the  projectile 
base  has  been  widely  studied  for  supersonic  flows  [3,4],  while  less  data  is 
available  the  transonic  flow  regime  [5].  (Inly  until  very  recently,  with  the 
advent  of  LDV  i nst rumentat i on,  is  extensive  base  fl(5w  data  becoming  available. 

Recently,  Navi er-StoKes  sol  vers . [6 , 7]  have  been  used  to  compute  the  aft 
end  ^low  field  of  axisymmetric  bodies  at  supersonic  velocities.  Limited  comp¬ 
utational  worx  has  also  been  reported  recently  by  Sullins,  et  al  [8]  on  the 
numerical  computations  of  the  base  region  flow  of  a  supersonic  combustion 
ramjet  engine  using  two-dimensional  Navi er-Stokes  equations.  At  transonic 
speeds,  a  limited  study  of  the  flow  past  a  boattailed  afterbody  has  been  per¬ 
formed  by  Chow,  et  al  [9]  using  the  potential  equation  and  integral  formula¬ 
tions.  Recent  papers  [10,11]  have  described  the  development  and  application 
of  a  thin-layer  Nav i er-Stokes  computational  code  to  predict  the  transonic  flow 
about  slenner  bodies  of  revolution.  In  References  [10]  and  [11],  the  techni¬ 
que  was  shown  to  ^e  a  viable  computational  tool  for  predicting  both  external 
and  internal  ‘‘lows  for  spinning  and  nonsoinninq  projectiles  of  various  geomet¬ 
ric  Shapes.  These  calculations,  however,  modeled  the  base  flow  as  an  extended 
sting  and  thus  the  base  pressure  and  reci  rcu1 atory  base  flow  were  not 
cnmouted. 

This  article  describes  a  unique  flow  field  segmentation  procedure  [12,13] 
which  has  greatly  simplified  the  development  of  the  computer  code  for  the 
simulation  of  the  complete  projectile  with  base.  The  code  is  used  here  to 
predict  the  base  oressure  of  shell  at  transonic  speeds  including  the  effects 
of  base  bleed  and  a  centered  propulsive  jet.  Computed  results  show  the  quan¬ 
titative  and  qualitative  details  of  the  base  flow  structure. 


COMPUTATIONAL  TECHNIQUE 

The  Aziiiuthal  Invariant  (or  Generalized  Axisymmetric)  thin-layer  Navier- 
CloKes  equations  for  general  spatial  coordinates  C ,  n,  i;  can  be  written  as[10] 

e  a  E  t-  3  G  e  H  =  Re’^a.S  (1) 

In  Equation  (1)  the  thin-layer  approximation  is  used  and  restrictions  for 
axisymmetric  flow  (wifr  or  wituout  spin)  are  imposed.  The  vector  q  contains 
all  the  dependent  variables  i.e.,  q  =  (p,  pu ,  pv,  pw,  e)  .  The  transformed 

A  A 

flux  vectors  E  and  G  are  linear  combinations  of  the  Cartesian  flux  vectors, 
e.d.,  E  =  ( C  C,G)/J  where  U  i the  Jacobian  of  transformation.  The  source 

A  X  4 

term  H  results  from  assuminr,  irvariance  in  the  azimuthal  direction  while 
viscous  terms  are  conrairunt  in  the  vector  S. 


Tho  nuinencal  alqorithn  used  is  the  Beani-Warmi nq  fully  imolicit,  approxi- 
‘latply  tir.tored  finite  difference  scheme.  The  aluorithm  can  he  first  ur 
secnnn  order  accurate  in  tine  and  second  or  fourth  order  accurate  in  space, 
'.ince  the  interest  is  only  in  the  steady-state  solution.  Equation  (1)  is 
sol'/en  'n  a  time  asympotic  fashion  and  first  order  accurate  time  differencinq 
IS  used.  The  spatial  accuracy  is  fourth  order.  Details  of  the  alqorithm  are 
included  in  References  [14-16].  For  the  computation  of  turbulent  flows  a 
rurhui^‘nce  model  must  he  supplied.  In  the  present  calculations  a  two  layer 
alqeoraic  eddy  viscosity  model  by  Baldwin  and  Lomax  [17]  is  used.  In  their 
'wo  layer  model  the  inner  reqion  follows  the  Brandt  1 -van  Driest  formulation. 
Their  outer  formulation  can  ne  used  in  wakes  as  well  as  in  attached  and  sepa¬ 
rated  boundary  layers. 


METHOD  OF  SOLUTION 

The  rrricedure  used  fo  comoute  the  base  flow  for  projectile  cnnf  i  nu  rat  i  on 
has  been  described  in  Reference  [l2];  however,  limited  rletails  will  be  repeat- 
0,1  hnre  for  clarity.  The  code  computes  the  full  flow  field  (includinq  the 
rase  ''enion)  of  a  proiectile.  Figure  1  shows  a  schematic  illustration  of  the 
fl(Av  field  seamentation  used  in  this  study  for  computational  purposes.  It 
shows  the  transformation  of  the  physical  domain  into  the  computational  domain 
and  the  details  of  the  flow  field  segmentation  procedure  in  both  domains. 
This  flow  field  seamentation  procedure  is  equivalent  to  using  multiple  adjoin¬ 
ing  (irids.  An  important  advantage  of  this  procedure  lies  in  the  preservation 
of  the  sharp  corner  at  the  base  and  allows  easy  blending  of  the  computational 
meshes  between  the  regions  ABCD  and  AEFG.  No  approximation  of  the  actual 
sharp  corner  at  the  base  is  made.  Thus,  realistic  representation  of  the  base 
is  inherent  in  the  current  procedure. 


DOMAIN 


COMP*JfATiCN«i,  iCMAlN 


The  cross  hatched  reqion  repre¬ 
sents  the  model.  The  line  BC  is  the 
base  and  the  region  ABCD  is  the  base 
region  or  the  wake.  The  line  AB  is  a 
computational  cut  through  the  physi¬ 
cal  wake  reqion  which  acts  as  a  repe¬ 
titive  boundary  in  the  computational 
domain.  Implicit  integration  is  car¬ 
ried  out  in  both  C  and  c  directions 
(see  Figure  1).  Note  the  presence  of 
the  lines  BC  (base)  and  EF  (nose 
axis)  in  the  computational  domain. 
They  both  act  as  boundaries  in  the 
computational  domain  and  special  care 
must  be  taken  in  inverting  the  block 
tridiaqonal  matrix  in  the  ?  direc¬ 
tion.  The  details  of  these  can  be 
found  in  References  [12]  and  [13]  and 
are  not  included  here. 

The  no  slip  boundary  condition 
for  viscous  flow  is  enforced  by 
setting 


Figure  1.  Schematic  Illustration  of 
Flow  Field  Seamentation 


M  =  V  =  W  -  0 


(1) 


;)n  rhp  hoav  surface.  Af  fhe  base  boundary,  Inviscid  ivoundary  condition  has 
been  used.  Aloncj  the  computational  cut  (AB) ,  the  flow  variables  above  and 
below  rhe  cut  are  simply  averaoed  to  deterinine  the  boundary  conditions  on  the 
cut.  Un  rhe  centerline  of  the  wake  region,  a  symmetry  condition  is  imposed 
-ino  -ree  stream  conditions  are  used  on  the  outer  boundary.  The  detailed 
boiinnarv  conditions  tor  base  flow  with  base  bleed  and  jet  exhaust  can  be  found 
in  References  [13]  and  [IH]  respectively. 


COMPUTATIONAL  GRID 

f  i  dll  r»  ,l  shows  an  (expanded  view  of  the  computational  grid  near  the  model. 
This  urid  was  obtained  in  two  seqments  consistent  with  the  flow  field  segment- 
(ition  procedure  described  earlier.  The  first  segment  of  the  computational 
nesn  IS  for  region  ALPS  'see  Pidure  1)  and  was  obtained  '"roin  a  grid  generation 
pronram  ievelnped  ^'V  Ctener,  et  al  [19].  The  orid  for  the  second  segment, 
reijiun  A!',CP ,  was  obtained  by  another  procedure  to  he  described  later  in  this 
section.  The  grid  generation  program  by  Steger.  et  al  [19]  allows  arbitrary 
grid  point  rjusterinn,  ‘hus  enabling  grid  points  for  the  proiectiles  to  he 
clustered  in  the  vinnitv  of  the  body  surface.  The  grid  consists  of  108 
points  in  tne  lonnitudinal  direction  with  25  points  in  the  base  region  and  40 
points  in  the  radial  direction.  The  grid  points  in  the  normal  direction  were 
exponentially  stretched  away  from  the  surface  with  a  minimum  spacing  at  the 
wall  of  .000020.  This  spacing  locates  at  least  two  points  within  the  laminar 
sub  1 ayer . 

As  stated  earlier,  the  grid  shown  in  Figure  2  was  generated  in  two  seg- 
me''ts.  First,  the  arid  in  the  outer  region  AEFG  is  obtained  using  an  elliptic 
solver  [I'"!]  for  the  ogive  portion  and  st  rai  ght- 1  i  ne  rays  for  the  remaining 
portifin  which  runs  all  the  way  to  the  downstream  boundary.  Second,  the  grid 
in  thp  base  region  ABCO  is  obtained  simply  by  extending  the  straight  lines 
perpendicular  to  line  AB  down  to  the  center  line  of  symmetry  (line  CD).  In 
ebher  words,  same  orid  stretching  is  used  in  the  longitudinal  direction  in 
both  the  r-'^gions  above  and  below  the  line  AB.  It  remains  then  to  generate  the 
grid  spacmus  in  the  normal  direction  in  the  base  region  ABCD.  For  base  flow 
computations  with  and  without  base  bleed,  grid  in  the  normal  direction  in  base 
region  was  -exponent i al  1  v  stretched.  For  base  flow  computations  with  a  csnter- 
t'd  propulsive  let,  it  is  desirable  to  cluster  grid  points  near  the  cut  to 
resiilve  the  flow  gradients  in  the  shear  layer  as  well  as  near  the  center  line 
of  symmetry  where  :et  is  present.  Therefore,  a  1-D  elliptic  equation  solver 
w.is  iiSi-d  to  generate  the  grid  spacinqs  in  the  normal  direction  in  the  base 
reqlon  arch  which  maintains  the  minimum  spacing  desired  at  both  these  ends 
(see  Fiuur>-'  3).  It  should  be  noted  that  the  same  miniinum  spacinq  .00nn2D  is 
specifm-l  on  both  sides  of  the  cut  thus  maintaining  a  smooth  variation  of  orid 
across  tne  cut.  This  spacing  i.ould,  of  course,  be  increased  downstream  of  the 
base.  The  nuinher  of  urid  points  above  and  below  line  AB  is  the  same  (40 
poi'-^s).  r,-)n  he  seen  in  Figure  2,  the  grid  points  are  clustered  near  the 

ni)st*-r  V 1  i  noer  junction  and  the  proiectile  base  where  appreciable  changes  in 
flow  van, )bl(*s  are  expecfed. 
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"xD<in'1c(i  (Ind  in  Fiqure  3.  Expanded  r,nd  for  the 

th»  /icinifv  nr  the  Isolated  Base  Region  Flow 

'' rn  lect  1 1  Field  Computations 


RESULTS 


The  nodel  geo^netry  used  for  base  flow  computations  with  and  without  base 
bleed  is  shown  in  Figure  4.  It  consists  of  a  3  caliber  secant-ogive  nose  and 
a  3  caliber  cylinder.  Figure  5  is  a  schematic  illustration  of  the  base  region 
flow  field  ann  shows  the  important  features  of  the  flow  field  in  the  near 
watce.  Results  are  presented  in  two  sections,  first  for  base  flow  without  and 
with  base  bleed  and  second,  for  base  flow  in  the  presence  of  a  centered 
propulsive  jet. 


t 


AIL  OIMCNSIONS  IN  CALIBERS 


Base  Flow  without  and  with 
Base  Bleed: 

Figure  6  shows  the  velo¬ 
city  vector  field  in  the  base 
region  for  M  =  0.9,  a  =  0  and 
I  =  0.  Each  vector  shows  the 
magnitude  and  the  direction 
of  the  velocity  at  that 
point.  The  figure  shows  the 
velocity  field  when  there  is 
no  base  bleed  and  the  recir- 
cul  atony  fl  ow  in  the  base 
region  is  clearly  evident. 
The  velocity  vector  plot  in 
Figure  7  shows  the  effect  of 
base  bleed  on  the  near  wake 
flow  field.  It  shows  the 
effect  of  base  bleed  for  a 


Figure  4.  Model  Geometry 


of  .IJ.  Thp  flow  fi.-i.l  ,n  t  hr>  hdSP  rLM|ion  h.is  now 
COM  .Iraiiidtical  ly  altomri.  1  he  r-eci  rcu  I  ation  pattern  rias  been  totally  %wept 
ilownstreain. 


BASE  BUED 

—  OlViniNG  ^TRFAMIINE 


I  DO 


^ioure  6.  'Schematic  11  In  strati  on  of 
Base  Weqion  Flow  Field 


Finure  6.  Velocity  Vector  Field, 
M  =  0.9,  a  =  0,  I  0 


Fiqure  7.  Velocity  Vector  Field, 

M  =  0.9,  a  =  0,  I  =  ,13 


The  next  two  Figures  H  and  9  are 
stream  function  contour  plots  in  the 
wake  region,  again  for  M  =  0.9  and  a  = 
0.  These  figures  are  deliberately 
stretched  in  y  direction  (not  drawn  to 
the  same  scale  in  x  and  y)  to  show  the 
flow  pattern  in  the  base  region  as 
clearly  as  possible.  Fiqure  8  is  for 
the  case  of  base  flow  with  no  mass 
injection  at  the  base.  It  clearly 
shows  the  recirculation  region  and  the 
position  of  the  dividing  streamline 
which  separates  the  reci rcu 1 atorv  base 
flow  from  the  main  flow.  The  reattach¬ 
ment  point  is  about  ?.  calibers  down 
from  the  base.  Note  the  stronEi  sht^ar 
layer  in  the  base  region. 


I  0 


0  I  -H  I 


I  0  - 


0  «  - 

0  f  - 


X  D 


Figure  8.  Stream  Function  Contours, 
M  =  0.9,  a  '■).  [  =  0 


Finure  9.  StEecm  Function  Contours, 
M  U.9,  u=  0,  I  =  .13 
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’-i>!'jrt^  '  snows  "he  effect  of  base  bleed  when  the  riass  injection 
s  .13.  "he  flow  oattern  in  the  near  waKe  flow  field  has  chanqed 
Hhlv.  "he  recirculation  renion  has  been  eliminated  and  the  shear 
neen  ■:  iso  laced  rian^edly. 


■r  •  i”  ; 


oarameter 
consi der- 
layer  has 


'  'ore  critical  check  of  the  computational  results  is  presented  in  t-inuro 
.1  atier^  base  draq  is  plotted  as  a  function  of  Mach  number.  Computational 
rp'^uits  are  indicated  by  circles,  experimental  results  [20]  by  trianqles,  tht' 
ri^suli's  obtained  ,sinq  .1  senn -empi  rical  technique  developed  in  McCoy  [21]  oy 
.  ludres  ana  data  nest  ■•'esults  [22]  by  diamonds.  The  results  from  data  nase 
ire  o^5en  on  correlation  of  base  pressures  obtained  from  a  number  of  experi- 
iients  and  iither  analytical  techniques.  Base  draq,  as  expected,  increased  as 
the  Macn  numoer  incre<;ses  from  0.9  to  1.2.  The  semi -empi  rical  technique  shows 
leneraily  hiqher  base  draq  when  compared  with  computat i ona  1  and  experimental 
resiilts.  The  computat i onal  results  predict  the  expected  draq  rise  that  occurs 
‘"ro'ii  O.'i  <  M  <  1.2.  The  computational  results,  however,  indicate  a  ureater 
increase  in  -Iraq  than  predicted  by  either  the  semi-empirical  code  or  the 
•-xperimental  measurements.  The  aqreement  between  the  computational  and  data 
.'dse  results  is  very  sat i  sfactory . 


Cince  the  enti^-e  projectile  flow  field,  includinq  the  base  flow,  has  been 
computed,  all  three  draq  components  have  been  computed  and  thus  the  total  nrao 
letermined.  Fiqure  11  shows  the  variation  of  the  total  aerodynamic  draq  with 
Macn  number.  The  total  drag,  as  expected,  increases  as  Mach  number  increases 
from  0.9  to  1.2.  The  computational  results  are  compared  with  the  results 
obtained  by  semi -empi ri cal  technique  and  are  in  satisfactory  agreement. 


;  .  '  '  ^  ■ ''  ■  20 

+ - :> 

'  -  ^  ■  -  »  '  I  ;  >  j  I  4  I  i 

V  r«  B 

Fiqure  10.  Variation  of  Base  Draq 
Coefficient  with  Mach 
Number,  a  ==  0 


0  s- 

J 


10  II  i;  tj  14  1^ 

M  MACH  NUMB(R 

Fiqure  11.  Variation  of  Total  Draq 
Coefficient  with  Mach 
Number,  a  =  0 


Another  critical  look  at  the  computat i onal  results  is  presented  in  Figures 
12  and  13.  These  figures  show  the  quantitative  details  of  base  region  flow 
field  with  base  bleed.  Fiqure  12  shows  the  variation  of  base  draq  with  mass 
injection  rates  for  M  ^  0.9  and  a  =  0.  The  reduction  in  base  draq  with  base 
infection  can  be  seen  clearly.  The  percent  reduction  in  base  draq  increases 
with  the  increase  in  the  injection  rate.  Figure  13  shows  the  variation  of 
ha‘-e  Iraq  with  Mach  number  both  with  and  without  base  injection.  In  this 


M 
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$ 
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fiqurp  •'hp  computational  results  without  injection  at  the  base  are  shown  tiy 
r  he  soli  I  line  whereas  the  flotted  line  represent  the  computational  ri'sults 
ohtairu'O  with  iniection  at  the  base.  The  reduction  in  base  drau  with  base 
miiection  can  be  clearly  seen.  Fioure  13  indicates  that  the  percent  reduction 
in  base  drau  has  increased  with  an  increase  in  Mach  number  from  .9  to  .93. 


The  expected  drau  rise  in  the  transonic 
'  M  c  1.4  and  the  reduction  in  base  drag 
has  been  cl  earl v  demonstrated. 


0.15-s 


0,00  - - - : 

0  05  0.00  0  05  0.10  0.15 

MASS  INJECTION  PARAMETER  (I) 


Figure  12.  Variation  of  Base  Drag 
Coefficient  with  Base 
bleed,  M  =  0.9,  a  =  0 


speed  regime  is  well  predicted  tor  .d 
and  the  total  drag,  due  to  base  oleed 


0  25- 


MACH  NUMBER  (M) 

Figure  1.3.  Variation  of  Base  Crag 
Coefficient  with  Mach 
Number,  a  =  0  (with  and 
without  Base  Bleed) 


Tli)w  with  a  centered  Propulsive  Jet: 

Computations  for  a  missile  configuration  have  also  been  made  in  the 
presence  or  a  centered  propulsive  jet  at  M  =  1.343.  The  model  geometry  for 
this  case  is  shown  in  Figure  14.  It  consists  of  a  4  caliber  tangent-oai ve 

nosn  .ind  a  F  caliber  cylindrical  afterbody.  The  base  diameter  is  1  caliber 
and  the  nuzcle  exit  diameter  is  0.2  caliber.  The  experimental  model  was  side- 
wall  iHounted  in  AFDC  Wind  Tunnel  [23]  as  shown  in  the  Figure.  The  detailed 

computat i onal  results  for  this  model  can  be  found  in  Reference  [18]. 

Results  are  now  pn-sented  for  both  jet-off  and  jet-on  cases.  Figure  15 

shows  the  velocity  vectors  in  the  base  region  when  there  is  no  ,iet  present. 

The  rec  i  rr.u  1  atory  flow  'n  the  base  region  is  clearly  evident.  Figure  16  shows 

the  effect  of  the  centered  jet  on  the  near  wake  flow  field.  The  near  waxe 

flow  field  has  changi’d  considerably.  The  rec  i  rcu  1  at  i  on  region  has  been 

reduced . 


i  nu  TP  14.  MICOM  iiflse-rlow  Model 
Mounted  in  the  Wind 


Fiqure  15.  Velocity  Vectors,  M 

1.343,  a  =  0,  Jet -Off 


::: 


-  FULL  GRID(J«totf) 

- ‘ULL  GRID(J»»  on) 

—  ■ —  9L  START  (J«t  onl 


Fiqure  16.  Velocity  Vectors  M 

1.343  ,  a  --  fi,  Jet -on 


Fiqure  17.  Variation  of  Base  Pressure 
alonq  the  Base,  M^  =  1.343, 
a  =  0,  Jet-off  and  Jet-on 


Quant  i tat i vpI y,  one  is  interested  in  how  the  complex  flow  field  in  the  base 
reqion  affects  the  base  pressure.  Fiqure  17  shows  the  variation  of  base  pres¬ 
sure  alonq  the  base  for  both  jet-off  and  jet-on  conditions.  When  there  is  no 
jet  present,  base  pressure  is  hiqh  near  the  corner  of  the  base.  It  decreases 


Gradually  and  then  recovers  to  almost  the  free-stream  static  pressure  near  the 
center  line  of  symmetry.  The  same  qrid  used  for  Jet-off  computations  was  used 
tor  jet-on  ca leu  I  at i ons .  Additionally,  to  determine  qrid  dependency  on  the 
solution,  a  larne  number  of  (irid  points  were  used  in  the  base  region  and  solu¬ 
tions  were  obtained  for  another  qrid.  Both  of  these  jet-on  calculations  give 
iiractically  the  same  base  pressure  variation  along  the  base.  At  the  nozzle 
exit  plane,  the  base  pressure  shown  is  the  specified  jet  pressure.  For  the 
remainino  portion  of  the  base,  the  effect  of  the  jet  has  been  to  reduce  the 
base  pressure.  The  small  oscillations  in  the  base  pressure  distribution  along 
the  base  are  located  near  the  two  corners,  one  at  the  base,  and  the  other 
formed  by  the  base  boundary  and  the  nozzle.  These  oscillations  are  not  physi¬ 
cal  and  are  believed  to  be  due  to  the  numerical  difficulties  associated  with 
the  boundary  conditions  at  these  corners.  The  base  pressure  distribution  in 
general  however,  is  a  realistic  representation  associated  with  the  base  region 
flow  tield. 


‘  SUMMARY 

A  computational  capability  has  been  developed  which  computes  full  flow 
field  over  bodies  of  revolution  including  the  base  region.  Additionally,  the 
code  allows  computations  of  base  flow  with  jet-on  or  base  bleed. 

liumerical  computations  have  been  made  to  predict  the  base  drag  both  with 
and  without  base  bleed  for  Mach  numbers  .9  <  M  <  1.2.  The  effect  of  mass 
injection  in  reducing  the  base  drag  has  been  clearly  demonstrated.  Solutions 
have  also  been  obtained  to  show  the  effect  of  a  centered  propulsive  jet  on 
base  flow  at  M  =  1.343.  Computed  results  in  all  cases  show  the  qualitative 
details  of  the  flow  field  in  the  base  region. 


NOMENCLATURE 


A 

A, 


p 

r 

. 

n . 

J 

M 

R 

Rp 

u  , 

V, 

u. 

V, 

X, 

y, 

r 

f  1 

n , 

w 

W 

z 

c 


cross  sectional  area 
injection  area  for  base  bleed 


body  diameter  (57.1!3mm) 

total  energy  per  unit  volume/p^a^ 

mass  injection  parameter,  mj/p„u_^A 

mass  flow  rate  for  air  injection  at  the  base. 


Mach  number 
body  radius 

Reynolds  numbef,  p  a  D/p 

OO  00  QO 


p  .u  . A  . 
J  J  J 


Cartesian  velocity  components/a^ 

Cont ravari ant  velocity  components/a^ 
physical  Carti^sian  coordinates 
angle  of  attack 

transformed  coordinates  in  axial,  circumferential  and  radial 
di rect i ons 
density/p^ 
transformed  time 
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